this time, the electrical load varied according to
mission requirements, and the cabin tempera-
ture was observed to cycle between 85° F and
95° F, as indicated in figure 3-18. Reduction in
the electrical load during this no-cooling period
resulted in corresporiding reduction in cabin
temperature. It is concluded that cabin cooling
was not required during periods in which the
Mercury spacecraft electrical system was pow-
ered down.

Problems were encountered during MA-9
with the condensate transfer system. The needle
of the hand-operated pump, used to transfer
liquid from the condensate tank to another con-
tainer, became clogged with metal shavings
from the pump shaft and the condensate could
not be transferred. Normally, free water re-
moved by the condensate trap and sponge sepa-
rator flowed directly to the condensate tank,
from which it was then intended to be pumped
to storage bags. The condensate tank contained
a porous plus to relieve the gas pumped from
the sponge into the tank by the action of the
sponge separator. Since it was known that this
plug could pass water when the tank became
nearly filled, the astronaut elected to discontinue
operation of the condensate trap when the trans-
fer pump became clogged. This action was
taken to stop further flow from the trap to the
tank and thereby help to preclude water from
being released into the cabin.

No malfunction of the life-support system
which compromised the mission or presented a
marginal condition to the man occurred during
any of the manned Mercury missions. Although
minor malfunctions of equipment occurred on

Cabin temperature, °F

16

24 25 .26 27 28 29 30 31 32 33 34 35 36
Time, hr:min

FIGURE 3-18.—Time history of MA-9 spacecraft cabin
temperature.
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these flights, some of which were alleviated by
the astronaut, none of these were repeated on
successive flights. The suit cooling system has
exhibited a history of undesirable operation,
characterized by elevated suit inlet tempera-
tures, wet undergarments, and a general lack of
astronaut comfort. However, metabolic heat
loads were removed sufficiently to keep body
temperatures well below a physiologically mar-
ginal value. The causes of these cooling system
problems for the suit circuit were twofold :

(1) Selection of an improper cooling system
control parameter during the initial design
period.

(2) Ineffectiveness of the suit-cooling-circuit
water separator because of the unpredicted be-
havior of free liquid in a weightless condition.

Ground testing showed that the steam ex-
haust duct temperature used in MA—6 and MA-
7 missions was not an adequate control param-
eter for controlling the operation of the heat
exchanger. A probe, which sensed the steam
temperature at the heat-exchanger dome (see
fig. 3-19) between the two coolant evaporating
passes, provided a more rapidly responding in-
dication of the heat-exchanger operation. This
control temperature parameter was used during
the MA-8 and MA-9 flights with satisfactory
results. The suit-inlet temperature range of
60° F to 70° F during most of these two flights
was more comfortable than the 75° F to 80° F
range experienced during MA-6 and MA-T.
See figure 3-20 for a summary of suit-inlet tem-
peratures experienced during the four manned
orbital flights.

/,~*MA-B and MA-9
temperature
monitoring point

Heat-exchanger
dome -~

-Two pass
--One. pass

]
YA,

vAYAV.VA
ANV

AYaYAYVA\

"~ ~Temperature - monitoring
point before MA-8

Freure 3-19.—Temperature monitoring points on heat
exchangers.
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Other ground tests showed that water in the
suit circuit, when condensed from the gas
stream in the heat exchanger, was not carried
by the gas flow to the sponge separator. This
water is believed to have been held under weight-
lessness to the metal surfaces by surface tension
and flowed from the cooling surfaces to the duct
walls, thereby probably passing around the
sponge in the separator. The condensate trap,
which was installed in the MA-9 ECS, verified
the need for a trap which will remove free con-
densate water traveling along the duct walls.
Missions of even longer durations will require
the extraction of all free condensate to keep the

astronaut’s body dry and thereby to obtain max-

imum comfort and hygiene.

Electrical and Sequential Systems

Except for some early development problems
in the sequential system, this system group has
performed satistactorily throughout the Mer-
cury program. Although there were no serious
sequential problems throughout the manned
flight program, there was an early deployment

of the main parachute during the MR—4 mission
and of the drogue parachute during MA-6. The
reasons for these premature deployments have
never been fully understood, since no system
malfunction could be found during exhaustive
postflight testing. During the later manned or-
bital missions, a modification to the sensing cir-
cuits for these sequential functions guarded
against premature automatic deployment. The
contractor was instructed to conduct a single-
point failure analysis, which involved a detailed
study of the electrical and sequential circuitry
to establish all possible failure modes, and this
analysis was conducted for all spacecraft sys-
tems before the MA-T flicht. The results of this
study were evaluated for failure conditions that
would singularly jeopardize flight safety, and
appropriate modifications were incorporated
into the MA-7 and subsequent spacecraft to im-
prove reliability. The greater portion of these
changes involved the electrical and sequential
systems because of their unique relationship to
critical mission functions. These changes dic-
tated paralleling of redundant sensing ele-
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ments in some cases in which the actuation of
either element could initiate the proper func-
tion. In other cases where it was important
that an event signal not be sent early, some
elements were changed to a series function, as
was done for the parachute-deployment
circuitry.

The primary change to the electrical system
for the MA-9 mission was the replacement of
two 1,500-watt-hour batteries with two 3,000-
watt-hour batteries. This change brought the
power supply up to one 1,500-watt-hour and
five 3,000-watt-hour batteries.

During the early phases of the flight pro-
gram, difficulty was experienced in maintaining
the temperatures of the electrical inverters be-
low the maximum recommended operating
level. A cooling system was subsequently in-
stalled for the two main inverters, but con-
tamination problems and the limited effective-
ness of this cooling system did not alleviate the
elevated temperature situation appreciably.
However, continued operation of these inverters
from mission to mission, in conjunction with
ground test results, without experiencing a tem-
perature-associated failure, provided sufficient
confidence that these units would operate satis-
factorily. Finally, for the MA-9 mission,
modified inverters with improved thermal char-
acteristics were installed in place of two of the
old style units (main 250 v-amp and 150 v-amp)

24v d-c

and the open-cycle evaporative cooling system
was deleted. The three spacecraft inverters
functioned satisfactorily until late in the MA—9
flight when an electrical short circuit prevented
their operating properly.

In the MA-9 flight, the failure which caused
the greatest concern was first recognized at the
early illumination of the 0.05g sequence light,
which indicated that the automatic stabilization
and control system (ASCS) had possibly
switched to its reentry mode of operation, which
would have includéd the initiation of rate
damping and a steady spacecraft roll rate.
Subsequent checks by the astronaut revealed, in
fact, that this control mode had been enabled.
A requirement for a manual retrofire maneuver
was therefore imposed on the astronaut, but it
was still the plan to use the autopilot during
reentry. However, soon after this occurrence,
the main inverter ceased to supply a-c power,
and, in the switchover to the standby unit, this
redundant element did not start properly. (Re-
fer to fig. 3-21 for details involving the ASCS
and power supplies.) Without a-c power for
the control system, even the reentry control con-
figuration was disabled; therefore, the astro-
naut was required to conduct this maneuver
with manual control. This task was further
complicated by a corresponding loss of gyro
attitude indications because of the a-c power
failure. A postflight inspection and analysis

ASCS
d-c

bus
24y c
main Oi—n- Pin N relay

battery Slave O——————

0.05¢
switch 0059

O——— |
Gyro
0.05¢g =
‘ Attitude |4 Attitude b | relay
indicators gyros Gyro D05 g ool
~ logic I_____ gl sensor
250v-amp J ﬁ :
inverter | Amplifier |Ein j ot
nverter " z
switchover S CHHONET __c‘a—ls-b_rt:t_or_ 115v a-c.
Standby relay
250v-amp
inverter
ASCS
o-c
bus I15v a-c

FIGURE 3-21.—Relationship of electrical power to control system autopilot.



of the trouble areas disclosed that a short cir-
cuit had occurred, both on the power plug
(shown in fig. 3-22) to the ASCS amplifier-
calibrator and to another connector (see fig.
3-23), also part of the ASCS power circuit.
Both inverters under question were tested thor-
oughly after the flight and found to operate
within specification, indicating that they did
not contribute to the malfunction. Strong evi-
dence exists that free water in the spacecraft
cabin had been present near the multipin power-
plug connection and eventually provided a cur-
rent path in the insulation between the d-c
power and grounding pins shown in right-hand
photograph in figure 3-22. Pin N, labeled in
the figure, was found to have been completely
burned off. Figure 3-23 clearly indicates the
significant corrosion revealed on the second con-
nector during the post-flight disassembly and

“inspection.

Postflight tests duplicated the above hypothe-
sis; that is, a short to ground could be effected
upon application of condensate water. Re-
sistance measurements taken across certain pins
of the second plug immediately following the

- flight indicated electrical paths that could have

caused the 0.05g indication. A likely source of
the liquid which might have caused the electrical
short circuit was the porous vent of the conden-
sate tank in the environmental control system.

Power (a-c) input to
gyrorepeaters

Power (d-c) input to
amp-cal

(a)—Front view showing burnt pin.

This tank is located in the proximity of the auto-
pilot power plugs, and normal cycling of the
sponge squeezer during the flight could have
forced condensate through the vent. Another
possible source of water which could have pro-
duced the short circuit is the local condensation
of cabin humidity, which may have been present
because of a leak in the drinking-water valve or
because of water vapor exhaled by the pilot
when his helmet faceplate was open. Or the
water droplets which leaked from the valve may
have somehow been deposited, in part, directly
on the power plug. This experience points up
the need to minimize or eliminate the presence
of free liquid or high humidity in a spacecraft
cabin where electrical systems are functioning
and to insulate and seal bare electrical connec-
tors more effectively.

Ficure 3-23—Postflight photograph of MA-9 con-
nector-socket rear face.

(b)—Rear view showing X-rayed current paths in
insulation.

FIeure 3-22.—Postflight photograph of MA-9 auto-pilot power plug.
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Concluding Remarks

The Mercury spacecraft systems design and
development phases were conducted concur-
rently and although this philosophy involved
a known risk, it made possible the early realiza-
tion of the project objectives. During this
time, many valuable lessons were learned and
exploited in the development and operation of
manned space-flight systems.

In the system design, maximum use was made
of existing technology and off-the-shelf equip-
ment, and systems concepts were kept simple.
However, some important advances in the tech-
nology also had to be initiated. It was found
that the spacecraft and its systems must be de-
signed for operational conditions. Ixamples of
the design-for-operation standard relating to
the preflight activities are system accessibility
and the simplification of system interfaces. It

is also important in the early system design to

allow for an inevitable growth in weight.

During development and qualification testing,
the test criteria cannot be compromised in most
instances, since an overlooked system ineffi-
ciency will inevitably show up later where a
redesign is more costly. However, it was also
found in Mercury that no single qualification
criterion necessarily applies to all systems, and
local operational conditions must be individu-
ally evaluated for each system. Whenever sys-
tem components are significantly modified, as
was done for the Faith 7 spacecraft to make
possible the 34-hour flicht capability, a new
ground test program for hardware requalifica-
tion should be administered to insure mainte-
nance of previous reliability and operational
standards.

In the area of hardware operation and per-
formance evaluation, the Mercury flight pro-
gram has been a most valuable experience.
The most important lesson learned from opera-
tion of the spacecraft control system is that the
pilot is a reliable backup to automatic system
modes. In fact, the pilot’s ability to control ac-
curately the spacecraft attitude was instru-
mental in three of the four manned orbital
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flights in completing the mission successfully
when a malfunction was present in the auto-
matic system. Another valuable lesson in both
the control system and cooling system designs
was the avoidance of components which are
especially sensitive to contamination. The

small valves used to meter reaction control fuel

and environmental control system cooling water
should have been designed to employ larger flow
areas to reduce susceptibility to particle block-
age. Other than guarding against stray volt-
ages and sensitivity to transients, the major
lesson derived from the performance of the
electrical and sequential systems was the need
to seal and insulate effectively all electrical
connectors from possible sources of free liquid
and humidity in the spacecraft cabin. In the
life support system, it was also found that the
cooling systems must be designed with adequate
margins and that food, water, and waste man-
agement devices require particular attention be-
cause of plumbing complexity and the effects
of weightlessness.

Throughout the Mercury development and
flight programs, quality control and rigid man-
ufacturing standards were found to be abso-
lutely mandatory if incidental flight failures
and discrepancies were to be avoided. Through-
out the project, a careful and continuing at-
tention was given to engineering detail in order
to make possible the early recognition of system
wealknesses and their implications in the opera-
tion of flight hardware and to provide meaning-
ful and effective courses of action. This atten-
tion to detail was an important reason for the
success of the Mercury flight program, par-
ticularly the manned suborbital and orbital
missions.
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4. MERCURY-REDSTONE LAUNCH-VEHICLE DEVELOPMENT AND
PERFORMANCE

By Joacmmm P. KUETTNER, Ph. D., Chief, Saturn-Apollo Systems Integration Office, NASA George C.
Marshall Space Flight Center; and EmiL BerTraM, Chief, Special Projects Office, NASA Launch

Operations Center

Summary

The Mercury-Redstone launch vehicle was
used for the first United States ballistic manned
space flights. As a prelude to the orbital flight
program, the Mercury-Redstone missions pro-
vided an opportunity to evaluate the perform-
ance of the Mercury spacecraft, the reactions of
the astronauts to brief periods of space flight,
and the launch and recovery operations. The
first steps toward man-rating a tactical missile
were made in a series of design changes and
modifications based on ground and flight test-
ing. This paper describes development of the
first U.S. manned launch vehicle, including the
abort system, the reliability programs necessary
for pilot safety, and the performance of the
Mercury-Redstone space vehicle.

Introduction

The Mercury-Redstone launch vehicle was the
United States’ first manned launch vehicle.
However, it is only the first of a series of launch
vehicles which will exhibit an increasing capa-
bility in manned space payloads.

By early 1959, several decisions were made in
regard to the performance required of a launch
vehicle needed for the first phase of the manned
flight program. The vehicle had to have both
the reliability and performance to place a
manned, 2-ton payload safely into a suborbital
trajectory in which at least 5 minutes of weight-
lessness would be experienced and an apogee of
at least 100 nautical miles would be attained.
In addition, the vehicle had to be available in
time to support the desired flight schedule.
These requirements narrowed the choice to
launch vehicles which had already been devel-
oped for a military mission.

At this time, two surplus Jupiter C missiles
were available from the Army Ballistic Missile
Agency (ABMA). The Jupiter C was an ad-
vanced version of the Redstone, a tactical mili-
tary missile with a record of over 50 successful
flights to verify its reliability. The original
Redstone could not meet the mission require-
ments; however, the Jupiter C had elongated
propellant tanks, a lighter structure, and the
required performance for Mercury. The Jupi-
ter C launch vehicle had been used for conduct-
ing reentry studies and placing the first U St
satellite, Zaplorer I, into orbit.

Therefore, the Redstone vehicle, in its Jupiter
C modification, satisfied the basic Mercury sub-
orbital requirements of availability and per-
formance.

However, the Jupiter C did not incorporate
all the necessary safety features; and further
adaptation was necessary for use as a manned
launch vehicle. This development, which is
sometimes referred to as “man rating,” had as
its three major guidelines safety during Jaunch,
satisfactory operation from a human-factors
standpoint, and adequate performance mar-
gins.

The actual adaptation took place in three
phases: basic modifications, modifications after
oround tests, and modifications after flight tests.
Although there were specific hardware changes
during the development, the basic man-rating
program and design concepts did not require
major alteration.

Basic Vehicle Modification

As noted, some basic modification was neces-
sary to adapt the Jupiter C to the Mercury mis-
sion requirements. The required modifications
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and additions made the new Mercury-Redstone
launch vehicle physically distinguishable from
both the Redstone and Jupiter C missiles. Fig-
ure 4-1 illustrates the differences between these
configurations. It should be noted that each
successive version of the original Redstone was
progressively longer.

40 3
0 B
8338’
6990
69.48'
3208 37.50' 37.50'
Redstone Jupiter C Mercury - Redstone

F16ure 4-1.—Comparison of the three Redstone mis-
siles.

To meet performance requirements, use of
the elongated Jupiter C tanks was necessary.
These tanks give the Mercury-Redstone launch
vehicle a nominal engine burning time of 143.5
seconds, 20 seconds more than the original Red-
stone vehicle. This greater burning time re-
quired the addition of a seventh high-pressure
nitrogen tank to pressurize the larger fuel tank
and an auxiliary hydrogen peroxide (H,0,)
tank to power the engine turbopump.

To decrease the complexity for the basic Mer-
cury-Redstone, three changes were made:

(1) The Redstone stabilized platform (ST-
80) were replaced by the LEV-3 autopilot for
vehicle guidance. The LEV-3 system, although
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less complex, was more reliable and met the
guidance requirements of the Mercury-Red-
stone mission.

(2) The aft unit, containing the pressurized
instrument compartment, and adapter were per-
manently attached to the center tank assembly.
In the tactical version, these units separated
with the payload to provide terminal guidance.

(3) A short spacecraft adapter, including
the spacecraft-launch-vehicle separation plane,
was supplied by the spacecraft contractor. This
arrangement simplified the interface coordina-
tion.

To prevent major changes midway in the pro-
gram, the engine was immediately changed from
the A6 to the A—7 model. The A-6 engine
was scheduled to be phased out, and a short-
age of hardware was expected to occur during
the Mercury-Redstone program. This early
changeover avoided a foreseeable problem area
but required an accelerated test program.

For the Mercury-Redstone launch vehicle, al-
cohol was chosen as the fuel. Although the
Jupiter C had used unsymmetrical diethyltri-
amine (UDETA) for greater performance, its
toxicity was higher than that of alcohol and
was considered to be undesirable for manned
flights. However, the selection of alcohol led
to a problem with the important jet control
vanes because of the extended burning time
which caused greater erosion of these vanes.
Hence, a program was initiated to select jet
vanes of the highest quality for use in Mercury.

The prevalves were deleted from the Mer-
cury-Redstone launch vehicle in order to in-
crease mission success. These valves had been
used in the tactical missiles between the propel-
lant tanks and the main propellant valves to
prevent possible fuel spillage in the event of a
main valve failure. However, failure of the
prevalves to remain open in flight would have
resulted in a mission abort.

To provide for maximum crew safety, an au-
tomatic inflight abort-sensing system was added
to the launch vehicle and an emergency egress
operation was established for the launch com-
plex. These factors were primary consider-
ations in man-rating the Redstone and are dis-
cussed in greater detail later.

The Mercury-Redstone was aerodynamically
less stable than the standard Redstone. Be-
cause of the unique payload characteristics and



the elongated tanks, the Mercury-Redstone was
expected to become unstable in the supersonic
region approximately 88 seconds after lift-off.
(See fig.4-2.) To compensate for this instabil-
ity to some degree, 687 pounds of ballast were
added forward of the instrument compartment.

Changes were also necessary because of the
decreased lateral bending frequencies. The
configuration and payload changes reduced the
Mercury-Redstone bending frequencies to one-
fourth those experienced by the standard Red-
stone. (See fig. 4-3.) As a result, resonance
problems appeared during both ground and
flight testing. The second bending mode had
to be filtered out of the control system to pre-
vent feedback.
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FIGURE 4-2.—Center-of-gravity and center-of-pressure
location of Mercury-Redstone during time of flight.

In all, a total of 800 changes were made be-
fore the Mercury-Redstone project was com-
pleted. The major modifications just de-
scribed, as well as many minor changes beyond
the scope of this paper, resulted in a reliable
man-rated vehicle.
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F16Uure 4-3.—Mercury-Redstone lateral bending modes.
Abort System Deseription

Even though the vehicle was expected to per-
form properly, a launch-escape system was re-
quired for maximum crew safety as long as a
catastrophic launch-vehicle failure remained a
possibility. Therefore, an automatic inflight
system was developed which supplied an abort
signal to the spacecraft in the event of an im-
pending catastrophic failure of the launch
vehicle. This signal caused engine cut-off,
escape-rocket ignition, and spacecraft separa-
tion. This cut-off mode was in addition to those
sent when the mission conditions were achieved
and in the event an emergency command de-
struct signal had to be sent. Because the vehicle
was to be manned, the destruct signal had a
built in 8-second delay to allow time for ade-
quate spacecraft separation. The abort system,
shown in figure 44, sensed and was activated
by : unacceptable deviations in the programed
attitude of the launch vehicle, excessive turning
rates, loss of thrust or loss of electrical power.
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Ficure 4—4.—Block diagram of Mercury-Redstone auto-
matic abort sensing system.

The criteria for the abort system were based
on an evaluation of over 60 Redstone and
Jupiter C flights and a failure-mode analysis.
The number of parameters was kept at a mini-
mum, since an overly complicated system could
result in little improvement, if any, in overall
flight safety. A selection of those parameters
which would reflect the operation of only vital
systems was therefore required. Hence the
abort, system sensed primarily output or down-
stream parameters, each of which were then
representative of many different types of
failures.

For example, a sudden change in the attitude
of the vehicle indicated trouble in the control
system, regardless of the source of this trouble.
It could be the result of a failure in the control
computer or some mechanical system or the
limits of controllability having been exceeded.
By establishing critical values for pitch, yaw,
and roll angle, a variety of problems, including
the unstable “flip-over” with a subsequent ex-
plosion, could be predicted in time for a safe
abort. As other examples, loss of thrust, rough
combustion, and an impending explosion could
be sensed from variations in the combustion

chamber pressure. Finally, a loss in electrical

power or of the electrical interface between the
spacecraft and launch vehicle could be effec-
tively sensed. :

As shown in figure 44, the abort system cir-

cuitry was-designed to include adequate redun-

dancy. The combustion chamber pressure (P.)
switches were wired in parallel to assure an
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abort capability even if one sensor failed. Since
the predominant failure mode of electrical volt-
age sensors is opposite that for a pressure
switch, the relays controlled by the voltage sen-
sors were connected in series. Although a
single sensor monitored pitch, yaw, and roll at-
titudes, as well as pitch and yaw attitude rates,
redundancy was implicit for these attitude and
rate measurements because of their interde-
pendency.

To supply the necessary timing functions to
the abort system, relay interlocks were used to

prevent arming of the abort system prior to

lift-off and to disarm the system at normal shut-
down. The P.switches were armed after engine
start and disabled prior to normal shutdown.
Here, additional relays also provided circuit
redundancy and lock-in of the abort signal.

Time is a critical factor in the abort pro-
cedures, and the method of abort initiation is
completely dependent on it. Because some
launch vehicle failures could very rapidly re-
sult in a catastrophe, the abort was designed to
be automatically initiated. Since some failures
would not cause an immediate catastrophe,
manual backup was incorporated. The astro-
naut, blockhouse, mission control center, and
range safety could initiate an abort during spe-
cifically assigned flight periods, some of which
overlapped.

Nominal Mission Profiles

The Mercury-Redstone launch vehicle, whose
nominal mission profile is shown in figure 4-5,
accelerated the Mercury spacecraft into a sub-
orbital flicht at a nominal speed of approxi-
mately 6,460 feet per second. At launch-vehi-
cle-spacecraft separation the flight-path angle
was 41.80°, the altitude, 200,000 feet, and the
Mach number, 6.80. The maximum accelera-
tion at cut-off was 6.3g.

In figure 4-5, several important launch ve-
hicle sequencing points are indicated. A circuit
permitting automatic engine cut-off prior to
abort was activated 30 seconds after lift-off.
Prior to this time, this circuit was disabled be-

* cause cut-off in the first 30 seconds would have

resulted in an impact of the launch vehicle on
land which was undesirable; therefore, only the
range safety officer could initiate an engine shut-
down. To prevent an early jettisoning of the



escape tower the normal shutdown circuitry was
not armed until 129.5 seconds. At 131 seconds
the velocity cut-off accelerometer was armed.
This arming occurred 12 seconds before nominal
expected engine cut-off time to allow for higher-
than-expected launch-vehicle performance for a
non-optimum mixture ratio, which could re-
sult in premature propellant depletion. The
chamber pressure sensors to the automatic abort
system were deactivated at 135 seconds, thus
preventing an abort signal at the time of cut-off.
Both cut-off activation and pressure switch de-
activation were originally scheduled to occur at
137.5 seconds, but as a result of the early shut-
down of MR-2, the times indicated in the figure
were selected for all subsequent flights.

At engine shutdown, nominally at 143
seconds, the abort system was deactivated and
the escape tower jettisoned. Spacecraft separa-
tion occurred 9.5 seconds after shutdown to
allow for thrust tail-off.

Engine cut-off
tower separation
automatic in flight,
abort system

Before lift-off by— inactivated
|. The pilot (after umbilical drop)
2. Ground observers

Abort can be initiated:

After lift-off by—
|. The pilot
2.Ground observers
3.Launch-vehicle automatic
abort system
4.Range safety officer
(emergency cut—off)

(143.0sec) ---~

Reliability, Testing, and Quality Assurance

As mentioned earlier, the basic launch vehicle
had a history of 69 flights prior to the first
manned flight upon which to base failure-mode
and reliability prediction. Two such predie-
tions were made. The first prediction used the
record of all Redstone, Jupiter C, and Mercury—
Redstone development and qualification flights.
The second prediction used an artificial Red-
stone configuration composed of individual
components flown at different times on previous
flights.

To find the weak spots in the total vehicle,
large subsystems were submitted to a special
reliability test program. All major missile sec-
tions and the systems contained in each were
vibrated under temperature and humidity con-
ditions simulating the actual environments of
transportation, prelaunch, and flight. Bending
and compression loads were applied up to 150

Spacecraft—launch-vehicle

separation
(152.5 sec)
\
1 —
‘l -— =
\ =
\ e

S Abort pressure switches disarmed

Abort plus < Velocity (135 sec)

engine cut-off ;«’ cut-off
4 | armed,

- Normal
K (I131sec)

cut - off

armed,

(129.5sec)

The destruction command is blocked for

e G [T 3 seconds after spacecraft abort

572 psf at 36,000t

Activation of
automatic inflight

abort system —----- 5 \~30seconds
1
i
1

Start tilting

Neoisech i +> Abort without

| engine cut-off

J
Lift-off

Automatic
countdown
begins

<~Umbilical tower drop
(pilot introduced into abort system)

F1eUrE 4-5.—Mercury-Redstone powered flight sequence.
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percent of maximum flight loads, thereby estab-
lishing positive margins of safety. When
trouble spots were found, individual component
testing was followed up with additional sys-
tems tests.

Figure 4-6 shows the vehicle contractor’s com-
bined environmental test facility. This facility
applied flight vibrations and rigid body motions
up to 4g at 2,000 cps simultaneously with tem-
peratures up to 115° F. This testing proved the
importance of investigating the interaction of
all component masses.

Freure 4—6—The contractor’s combined vehicle motion
and vibration test stand.

In addition, structural flight simulation,
spacecraft-launch-vehicle interface compati-
bility, clamp-ring operation, and static firing
tests were made. Figure 4-7 shows the mating
of the spacecraft and launch vehicle prior to a
noise and vibration test conducted at the NASA
Marshall Space Flight Center (MSFC).

Quality assurance procedures were relatively
more refined than for the tactical vehicle be-
cause of the stress placed on crew safety. An
awareness program required that every Mer-
cury system assembly carry a special Mercury
stamp indicating that it had passed special in-
spections and that all personnel involved in its
manufacture and assembly were aware of the
quality expected. Particular attention was
paid the areas involving soldering techniques,
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welding repaivs, and preparation of instrue-
tions.

FicuRe 4-7.—Static firing, noise and vibration test
stand.

~ Changes Resulting From Ground Tests

During the vibration test program, several
components failed or were damaged. These
components included an engine piping elbow, an
H.O, bottle bracket, the abort-rate switch-
mounting bracket, wires in the roll-rate switch,
and an antenna mounting stud. Similar prob-
lems occurred in other components. The suc-
cess of the modifications proved the value of
total system testing.

Since the A-7 engine was new, extensive test
firings were made. During these firings, an
instability was discovered at 500 cps and elim-
inated through a modification to the fuel
injector. Investigation as to the source of an-
other low-frequency oscillation eventually led
to the discovery that the static test tower was
at fault. Modification of the static test tower
subsequently removed it as a trouble source.

Checkout and Launch Operations

Prior to shipment to the launch site at Cape
Canaveral, the Mercury-Redstone abort system
was checked by introducing simulated malfunc-
tions and evaluating the abort system responses.



The first three launch vehicles were also care-
fully tested for compatibility with the space-
craft at MSFC.

At Cape Canaveral, the Mercury-Redstone
countdown was conducted in two parts with a
rest period in between to reduce fatigue of the
launch erew. Lox loading was scheduled for
completion at 180 minutes prior to lift-off to
minimize the possibility of an additional
12-hour delay for lox tank purging and drying
during the recycle time in the event of a launch
cancellation after lox loading. The astronaut
was to be inserted into the spacecraft after lox
loading at approximately 120 minutes prior to
lift-off. A period of 4 hours was considered

to be a tolerable time between astronaut inser-
tion and lift-off to accommodate possible holds
in the countdown.

Emergency Egress and Pad Abort

Speecial astronaut safety precautions were re-
quired after insertion since the launch vehi-
cle was already fueled; therefore, launch pad
emergency egress procedures were developed.
A study (see fig. 4-8) to determine the best mode
to retrieve an incapacitated astronaut indi-
cated the blockhouse-controlled service struc-
ture would provide the most expeditious escape.
If, however, he were able to exit without help,

(T-55 min to T-6min)
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at 128 MUEHTG M||!:33H1° BH  Block House
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F1eURrE 4-8.—Time study of astronaut emergency egress.
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he could use the pad escape tower, or “Cherry
Picker,” shown in figure 4-9. The cab of this
specialized escape equipment, which was per-
manent but extendable, was stationed near the
spacecraft hatch until just prior to lift-off.
Utilization of this escape device was combined
with the use of fire trucks, an armored personnel
carrier (M-113), and rescue’ teams for exit
from the pad area. In case of a pad abort,
recovery procedures and vehicles, including
army helicopters and amphibious craft, were
organized and prepared to assist.

Fieure 4-9—MR-3 with “Cherry Picker” and remote
controlled service structure.

System Modifications Resulting From Flight
Operations

Problem areas revealed during the qualifica-
tion flight-test program (MR-1, MR-2,
MR-BD) lead to the following modifications:

(1) The MR-1 launch attempt proved the
need for ground-negative until all other elec-
trical connections were separated. Thus, a
ground strap was added. This strap is shown
in figure 4-10.

(2) A scale-factor error resulting from an
excessive pivot torque on the LEV-3 longitu-
dinal integrating accelerometer caused the
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MR-1A launch vehicle to experience a cut-off
velocity exceeding the nominal value by about
260 feet per second. Use of softer wire and the
relocation of the electrical leads eliminated the
problem.

Fin I--——./

e Propulsion control
—R connector
(60pin)

Ground strap -----------—

~-Power connector
(4 pin)

Ground strap
| ft travel before connection broken

50 Ib pull required to break connection
Strap protected from engine flames

Figure 4—10.—Mercury-Redstone ground strap.

(3) As a backup to the integrating acceler-
ometer fix, a time-based cut-off signal was estab-
lished at 143 sec for the MR-2 and MR-BD
(booster development) missions. These later
flights proved that the accelerometer functioned
properly, and use of the cut-off timer was dis-
continued.

(4) The thrust controller on MR-2 failed wide
open causing lox depletion 0.5 second before
deactivation of the abort P, switches and before
integrating accelerometer arming, which could
have prevented this trouble. To prevent a simi-
lar occurrence on the remaining flights, velocity
cut-off arming and P, abort switch disarm were
separated in time. Velocity cut-off arming was
advanced to 131 sec to take care of earlier-than-
predicted cut-off velocity, while P disarming
was set at 135 sec, keeping the combustion
chamber pressure abort capability as long as
possible, but removing this capability early
enough to take care of a high propellant con-
sumption rate.

(5) Flights MR-14, MR-2, and MR-BD
experienced momentary roll rates approxi-
mately twice that of the earlier Redstone
vehicle (~ 8°/sec as against ~ 4°/sec—abort
limits were 12°/sec). Since the missile was not



subject to damage at this rate, the roll-rate
abort sensor was deleted after MR-BD to in-
crease mission success. The roll attitude an ole
abort limit of 10° was retained.

(6) An interaction of the second bending
mode with the yaw and pitch axis control re-
quired the addition of a network filter to reduce
control loop gain between 6 and 10 cps. The
interaction was noted on flights MR-1A and
MR-2 and is illustrated in hgme 4-11.

7.5 deg.
Deflection of jet vane no. |
0 " : A o
-7.5
5 deg./ seg.
Angular velocity, yaw
o " Wi
o 130 135 sec.

F1eURrE 4-11.—Second bending mode oscillations in yaw
toward end of MR-1A flight.

(7) During MR-1A, MR-2, and MR-BD,
undesirable Vlbl'.lflons in the adapter and in-
strument compartment were evident. On MR-
3 these were dampened with 340 pounds of
lead-impregnated plastic compound added to
the bulkhead and walls of the section. The
weight of this compound was substituted for an
equal amount of ballast weight. Fourteen lon-
gitudinal stiffeners were also added to the
mternal skin surface. These improvements are
depicted in figure 4-12. Since Astronaut
Shepard still noted considerable vibrations dur-
ing powered flight in MR-3, an additional 102
pounds of the dampening compound, X306,
were added to the instrument compartment of
MR-4. The summation of these changes re-
sulted in the Mercury-Redstone shown in
figure 4-13.

Flight Results

Three qualification flights were conducted for
the Mercury-Redstone flight series. MR-1 was
launched on November 21, 1960. A fter rising a
few inches, it settled vertically back on the
launcher. It proved the need for careful ex-
amination of electrical circuitry and led to the

addition of =« electrical
grounding.

The sequence of events which led to MR-1’s
difficulties started during the lift-off when the
power and control connectors did not discon-
nect simultaneously. Because of mechanical ad-
justments, the power plug disconnected 29 milli-
seconds prior to the control plug. This per-
mitted part of a 3-amp current, which would
have normally returned to ground through the
power plug, to pass through the “normal cut-
off” relay and its ground diode. The cut-off
terminated thrust and jettisoned the escape
tower.

The spacecraft did not separate from the
launch vehicle because the g-load sensing re-
quirements in the qucecmft were not met.
“Normal cut-off” started a 10-second timer
which, upon its expiration, was supposed to
signal separation if the spacecraft acceleration
was less than 0.25g. (This sequencing was de-
signed to minimize the occurrence of a space-
craft Jaunch-vehicle recontact. Iowever, MR—1
had settled on the 1)‘Ld before the timer e\pn'ed
and the g-switch sensing lg blocked the separa-
tion smml )

The barostats properly sensed that the alti-
tude was less than 10,000 ft and therefore ac-
tuated the drogue, main, and reserve parachutes
in the proper sequence. The reserve parachute
was released because no load was sensed on the
main parachute load sensors. To prevent this
failure from recurring, engine pressure was
monitored and, if normal at 129.5 seconds, the
normal booster cut-off signal path to the space-
craft was armed.

Following the MR-1 attempt, the spacecraft
was refurbished and mated to a new launch ve-
hicle, scheduled to be launched as MR-1A. The
MR-1A space vehicle successfully accomplished
the MR-1 mission objectives on December 19,
1960. The launch was slightly compromised by
a scale-factor error in the longitudinal integrat-
ing accelerometer which caused cut-off velocity
to be 260 feet per second higher than normal.
This higher velocity caused the spacecraft to
experience somewhat higher reentry decelera-
tion. During the flight, all measured abort
parameters remained below the limits and the
abort system functioned as expected.

MR-2, launched January 31, 1961, carried a
chimpanzee named “Ham.” On this flight, the

strap  for proper
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F1eURE 4—12.—Installation of dampening compound in instrument compartment and adapter section for Mercury-
Redstone 4 (MR—4).

thrust controller ran above nominal resulting in
propellant depletion 0.5 second before abort
pressure sensor deactivation. The abort system
was able to sense this early shutdown and abort-
ed the spacecraft. The above normal cut-off
velocity, combined with the thrust of the escape
motor caused the spacecraft to land well beyond
the intended recovery area. The simple timing
changes explained previously were made to take
care of higher propulsion system tolerances.
MR-BD was launched on March 24, 1961, to
evaluate a filter network added in the launch
vehicle control circuit and modifications incor-
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porated to eliminate the overspeed condition ex-
perienced on MR-1A and MR-2. The filter net-
work was intended to dampen the effect of the
second bending mode frequency (6 to 10 cps)
on ‘the pitch and yaw loop. The flight went
exactly as expected and proved the effectiveness
of this change.

MR-3 was the first manned flight. With
Astronaut Alan Shepard as the pilot, the space-
craft lifted off at 9:34 a.m. e.s.t. on May 5, 1961.
All objectives assigned to the launch vehicle
were successfully accomplished and no system
malfunction occurred. During powered flight,
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Ficure 4-13.—Mercury-Redstone configuration.

the astronaut reported buffeting. However,
telemetry data indicated lower vibrations than
on earlier flichts. To reduce these vibrations,
additional dampening material was added to the
instrument compartment prior to the remaining
flight.

Concluding the Mercury-Redstone program
was MR—4 carrying Astronaut Virgil I. Gris-
som in the second manned suborbital space
flight. Again, all launch-vehicle systems
worked properly and all objectives were
achieved. Improved vibration reports indi-
cated that the additional dampening material
added to the instrument compartment proved
effective.

The Mercury-Redstone flight program was
concluded on a positive note with the successful
MR—4 mission on July 21, 1961. The first
manned flight into space had been accomplished
by MR-3 in just over 214 years from the pro-
ject’s initiation. The initial objectives of pro-
viding space flight familiarization and training
for astronauts had been accomplished. The
spacecraft was exposed briefly to space flight
conditions. Of equal importance was the in-
valuable training of the ground crew in the
preparation, launching, and the recovery of a
manned spacecraft.
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5. MERCURY-ATLAS LAUNCH-VEHICLE DEVELOPMENT AND
PERFORMANCE

By Lr. CoronEL C. L. Ganvy, Jr., Space Systems Division, U.S. Air Force; and Major I. B. HaNsoN,
Space Systems Division, U.S. Air Force

Summary

In this paper the overall Atlas launch-vehicle
program in support of Project Mercury is dis-
cussed. The paper includées the areas of both
management and operations. Implications to
be drawn from the presentation are that sound
planning by experienced Air Force personnel

- early in the program ; strong top-level manage-

ment support; great attention to engineering,
manufacturing, and operational detail; and
strong individual motivation have been respon-
sible for the success of this portion of Project
Mercury. The procedures used in the launch-
vehicle program were not conceived or promul-
gated by any one individual overnight. Rather,
they grew from the experience of many and
were further shaped by the program itself as it
progressed.
Introduction

This paper presents the management aspects
of the launch-vehicle system in redirecting a
ballistic-missile weapon system into a launch-
vehicle system for manned space research.
Early agreements between the U.S. Air Force
and the National Aeronautics and Space Ad-
ministration (NASA) established the program
responsibilities and identified the management
interfaces. Specific guidelines were laid down
by the Air Force Chief of Staff to provide ef-
fective support to NASA within the military
framework of what was then known as the Air
Force Ballistic Missile Division. Definitive
policies were established to insure maximum
launch-vehicle safety for the pilots. The ini-
tial overall Mercury systems engineering as it
affected the launch vehicle was performed by
U.S. Air Force/NASA technical panels and
then gradually shifted to the Air Force and its
technical contractor, Space Technology Labora-

tories, and more recently the Aerospace Cor-
poration, for more specific systems engineering.

The basic Atlas “D” system as it existed at
the beginning of the program is described to
provide a basis for the explanation of the
launch-vehicle modifications that were required
to support. the fhission. A brief description is
given of the problems that were associated with
the individual launch-vehicle flights and the
results of the postflight evaluations. A more
detailed postflight evaluation is given of the
MA-9 flight.

Program Management

During the mid-1950’s, the U.S. Air Force
conducted a number of studies dealing with
manned space flight. Many plans had been
formulated and several of the programs had
reached a detailed development plan state
when, in August 1958, the President directed
the assignment of the man-in-space effort to the
National Aetronautics and Space Administra-
tion. On October 7, 1958, the Space Task
Group was organized at Langley Field, Vir-
ginia, to manage the then established and later
named, Project Mercury.

During the period from October 1958 until
April 1959, a series of meetings took place
between NASA and the Air Force Ballistic
Missile Division to define the AFBMD support
required by the NASA-Space Task Group. The
problems considered included: definition of the
scope of NASA’s effort, definition of launch-
vehicle requirements, definition of procurement
procedures, launch schedules, and launch fa-
cilities. It is interesting to note that at the
time of the first NASA visit to AFBMD on
October 23, 1958, the proposed program envi-
sioned over 25 flights using the Redstone, Thor
or Jupiter, and Atlas launch vehicles. Space-
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craft orbital weight was to be approximately
2,100 pounds for a 120 nautical-mile orbit. Ad-
ditional meetings culminated in the issuance to
AFBMD of NASA Order HS-24 on November
23, 1958, which specifically requested that the
Air Force supply one “C” series Atlas to sup-
port Project Mercury. The order specified that
this was the initial request of a proposed pro-
gram which would require approximately 13
boosters of the Atlas and Thor class. On De-
cember 8, 1958, AFBMD received NASA Order
HS-36 which requested nine “D” series Atlas
boosters. Subsequent amendments to HS-36
deleted HS-24, changing the total requirements
to 10 Atlas “D” vehicles, later to 14 “D’s,” elimi-
nating the Thors. Further discussions between
the two agencies resulted in the agreement that
the Air Force would have full responsibility
for the development, procurement, production
and launch of the Atlas vehicles for Project
Mercury (see fig. 5-1). The final meeting of
this series was held between General Schriever,
then Commander AFBMD, and Dr. Glennan,
Administrator of NASA, on April 7, 1959, in
Washington. The basic memorandum of under-
standing between NASA and the USAF grew
from this conference.

A program office was established within the
AFBMD to manage the launch vehicle effort,
and the services of the Space Technology La-
boratories (STL) were requested within the
framework of the Atlas weapons system pro-
gram to support Mercury. Specific guidelines
were laid down by the Commander of AFBMD
in order that maximum responsiveness to
NASA requirements could be assured.

The early systems engineering was accom-
plished within the framework of technical

panels established by NASA. Participants in
the panel work were drawn from various NASA
organizations, McDonnell, AFBMD, STL and
the Atlas manufacturer, General Dynamics/
Astronautics. Oncé the initial problem areas
had been defined, technical panels were sub-
divided into working groups with specific tech-
nical areas assigned to assure that thorough
treatment was given to all engineering prob-
lems. Through the medium of the technical
panels, basic trajectory conditions were devel-
oped. The launch-escape system concept was
born and specific requirements were developed.
Reliability goals were established, and systems
restraints were imposed. In order to imple-
ment, in detail, the general systems approach
developed through the technical panels, the Air
Force called upon STL to perform these tasks.
It was necessary to institute a special systems
engineering and technical direction effort for
the Mercury/Atlas program, and the STL Mer-
cury Project Office was established in the Fall of
1959 under the direction of Mr. B. A. Ilohmann.
In the summer of 1960, when the Aerospace
Corporation was organized, the task was trans-
ferred to this new organization. The majority
of the STT, Mercury office personnel transferred
to Aerospace continued to perform their orig-
inal jobs. The basic responsibilities of the sys-
tems engineering and technical direction group
were to develop the technical requirements, mon-
itor the systems and launch.vehicle development,
provide trajectory calculations and guidance
equations, analyze both ground and flight-test
results, assure production acceptability of the
launch vehicle, assist in administering the pilot
safety program, and provide systems integra-
tion of the Atlas associate contractor’s systems.

Suplport
I I [ I ]
Hardware Launch Systems Studies and Safety
requirement development - technical assistance program

@ Modified series
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® Approved:
14 boosters
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The Space Systems Division and the Aerospace
Corporation program offices together were the
foeal point for detailed management of the
launch vehicle program. Program require-
ments reached this level along a formal path
(see fig. 5-2) established from Headquarters
NASA to Headquarters USAF, to the Air
Force Systems Command (AFSC), to Space
Systems Division (SSD), to the Deputy for
TLaunch Vehicles (SSV) to the program offices.
A shorter and less formal but equally binding
path existed from Manned Spacecraft Center
directly to the program offices. Direction re-
ceived along either path was translated by the
program office personnel into action items and
routed to the proper agency for accomplish-
ment. Contractual direction and configuration
management were controlled by the SSD Pro-
gram Office originally through the Atlas Weap-
ons System Program Office and later through
the SSD Standard Launch Vehicle ITT (SLV
IIT) Office. Subsystem offices within SSD
were responsive to the Mercury launch vehicle
program office in the areas of guidance and pro-
pulsion systems. Technical direction was han-
dled informally by direct contact between the
Aerospace program office and the contractors

and formally through the SSD program office.
The Atlas associate-contractor team consisted
of General Dynamies/Astronauties (GD/A)
who furnished the Atlas airframe and basic ve-
hicle, Rocketdyne Division of North American
Aviation (R/D) who furnished the propulsion
system, General Electric (GE) who pro-
vided both the airborne and ground portions of
the guidance system, and Burronghs Corpora-
tion who provided the A-1 Computer for in-
flight guidance in conjunction with the GE sys-
tem. GD/A performed the launches at the At-
lantic Missile Range (AMR) under the super-
vision of the 6555th Aerospace Test Wing, and
the other contractors provided appropriate
launch services. Other valuable members of the
Atlas team were the Air Force's Western and
Eastern Contract Management Regions whose
personnel insured the contractors’ compliance
with contract provisions and performed quality
control and technical inspection functions.
Early in the Mercury program, Major Gen-
eral O. J. Ritland, as Commander of BMD rec-
ognized that a safety program should be insti-
tuted to protect the Mercury pilot. Accord-
ingly, he directed that studies be conducted to
determine what efforts were required to insure
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Technical direction
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FicURE 5—-2—Management responsibilities.
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safe powered flight and to assure the program
management that the launch vehicle was indeed
ready for manned flight. This study resulted
in the Pilot Safety Program for Mercury-Atlas
launch vehicles (see fig. 5-3), a program which
has dominated the management of the launch-
vehicle portion of Project Mercury.

The basic objectives of the program have been
to assure design reliability and adequate pilot
safety. Recognizing that the Atlas had been
designed as a weapons system and had not been
required to meet the reliability expected of a
manned system, program personnel established
these objectives. The first was to he met
through quality of production and end-product
excellence. The quality of production would
be assured through education and motivation of
all personnel associated with manufacture of the
hardware, through special component selection
and marking procedures, and through special
handling techniques. End-product excellence
could be assured by requiring that no shortages
would be tolerated at the time of launch-vehicle
acceptance, and that the vehicle must be com-
plete and up to date with no provisions for field
modifications. This assurance would be gained
by means of a detailed and highly critical fac-
tory roll-out inspection. The inspection would
be conducted by experienced and well qualified
personnel from both the Aerospace and SSD
program offices. NASA observation was
invited.

~

Quality assurance
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@ Component selection

® Special marking and handling
@ Additional reliability testing

Assure
design

reliability

End product excellence

® Factory rollout inspection
® No shortages
Reliability augmentation

Objectives

® Abort sensing and implementation
system (ASIS)
® Design and development
® Reliability testing
o Flight testing
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safety

Test site operations (AMR)

® Special test and handling
procedures

® Complete documentation

® Flight readiness determination

® Flight safety review board
decision

F16URE 5-3.—Pilot-safety program.
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The second objective of assuring adequate
safety would be met by providing reliability
augmentation and by special test-site operations.
The abort sensing and implementation system
(ASIS) was designed to bridge the gap be-
tween the existing reliability of the launch-
vehicle and the near perfection required of a
manned system. The ASIS was an automatic
system designed to sense an impending cata-
strophic failure and initiate spacecraft escape
prior to the failure. The ASIS itself had to be
an extremely reliable system. This reliability
was obtained first through a design based upon
redundant sensors and circuitry. Then rigid de-
sign reviews, stringent ground testing, and
finally flight testing were conducted for the
system.

The special test-site operations started with
unique Mercury handling procedures for the
launch vehicle and a requirement that complete
documentation be maintained on all prelaunch
operations. The documentation, in turn, led
to assurance that the vehicle was indeed flight
ready upon completion of the required pre-
launch testing. The flight readiness was certi-
fied by the Mercury—A tlas Flight Safety Review
Board. This board was established as a high-
level Air Force and Aerospace board chaired
for all manned flights by the Commander, SSD.

Basic Atlas Description

- At the time of the original NASA order for

Mercury—Atlas launch vehicles in the fall of
1958, the U.S. Air Force development flight
test program was principally concerned with
the Atlas “C” model. The “D” model (see fig.
5-4) which was scheduled to begin testing in
1959, was considered the operational system and
was therefore selected as the most suitable for
use as the Mercury launch vehicle. The fol-
lowing paragraphs give a general description
of the basic Atlas “D” vehicle from which the
launch vehicle for the Mercury spacecraft was
developed.

The Atlas launch vehicle comprises of two
main sections, the body or sustainer section and
the aft or booster-engine section. The booster-
engine section is connected to the sustainer
thrust ring by a mechanical system which per-
mits separation. The Atlas is considered a 114-
stage missile in that only the boost engines and



associated hardware are jettisoned at the com-
pletion of the first stage of firing.

The sustainer section is made up of a thin
wall, fully monocoque structure pressure vessel
and derives its rigidity from internal pressuri-
zation. The sustainer body is a welded struc-
ture of corrosion-resistant stainless-steel sheets
varying in thickness from 0.048 inch to 0.015
inch. The tank is approximately 50 feet in
length. The forward end consists of a thin
dome on which the liquid oxygen boil-off valve
is mounted. The base of the dome is joined to
the first skin of a conical section whose upper
diameter is approximately 70 inches. The
conical section joins a eylindrical section 10
feet in diameter. The lower end of the tank
is conical, tapering to a point. A hemispheri-
cal diaphragm called the intermediate bulkhead
divides the tank into a forward section for
liquid oxygen and an aft section for RP-1
fuel. A thrust ring joins the conical aft section
to the cylindrical portion of the tank. Annular
baffles in the tanks serve to dampen propellant
sloshing. The sustainer engine with its asso-
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ciated equipment and subsystems is gimbal-
mounted to the sustainer thrust cone which is
the aft end of the fuel tank. Vernier engine
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posite sides of the structure at the extreme aft
end of the cylindrical portion of the tank.
Equipment pods containing electronic and elec-
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ring at the aft end of the tank section by a
mechanism which releases it for separation.
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The propulsion system consists of a Rocket-
dyne MA-2 rocket-engine group made up of
two main assemblies: the booster section (see
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one sustainer engine having 57,000 pounds of
thrust and two vernier engines having 1,000
pounds of thrust each. All are single-start,
fixed-thrust rocket engines utilizing liquid
oxygen and a liquid hydrocarbon fuel (RP-1)
as propellants. :

The booster engine is composed of two identi-
cal thrust chambers and a power package. Two
dual turbopumps in the power package deliver
the propellants under high pressure to the
thrust chamber. The turbopumps are driven
by high-speed turbines, energized by high-
velocity gas supplied by a single gas generator.
The power package also includes the hydraulic
pump used for lubrication of the turbopump
gears. The booster gas generator consists of
a spherical combustion chamber and an exhaust
manifold. After start, liquid oxygen and fuel
are supplied to the combustion chamber under
pressures developed by the turbopump. The
combustion gases are routed to the turbopump
turbine wheels by the exhaust manifold after
which the gases pass through the heat ex-
changer to heat and expand helium for vehicle-
system pressurization and then are vented
overboard. High-pressure propellants exiting
from the turbopumps are routed through valves
which control the flow of propellants to the fuel
manifold and oxidizer dome. The two thrust
chambers are bell shaped and made up of tubes
running lengthwise from the top of the chamber
to the bottom of the skirt. Fuel is routed
through these tubes to cool the chamber walls.
A pyrotechnic igniter initiates combustion of
the fuel-oxidizer mixture. Thrust loads are
transmitted to the missile through gimbal
mounts on each chamber allowing the chambers
to be swiveled a maximum of 5° in pitch and
yvaw about the vehicle centerline.

The sustainer engine is gimbal mounted to
the thrust cone of the fuel tank. The assembly
is similar to that of the booster engines. The
sustainer engine dual turbopump supplies pro-
pellants to the vernier engine in addition to the
sustainer engine. The sustainer engine fuel-
lox mixture is continuously controlled during
flight by the Propellant Utilization Subsystem
(PU) in order to maintain optimum mass ratio
of the propellants and thus reduce unusable
residuals to a minimum. The sustainer engine
gimballing is controlled in pitch and yaw within
an arc of =3°  The sustainer engine is used
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for steering only after the booster engines have
been shut down. The sustainer is operated
throughout the flight and is at full thrust at
lift-off.

The vernier engines are installed on the aft
airframe in two separate units. Propellants
for starting the vernier engines are provided by
pressurized start tanks and are supplied by the
sustainer turbopump for the remainder of the
flight. The thrust chamber is double walled
and also contains fuel for cooling of the thrust
chamber walls. The vernier engines provide
roll control throughout flight; pitch and yaw
control during staging ; and piteh, roll, and yaw
during the vernier solo phase during flights in
which this phase of operation is utilized. Mer-
cury-Atlas vehicles do not have a vernier solo
period. The chamber can be moved through an
arc of approximately 140° in pitch and 50° in
yaw.

The automatic start sequence of the rocket
engines is accomplished by initiating propellant
flows into the thrust chambers, the firing of
igniters, and the burning through of igniter de-
tector links. 'These must be accomplished in the
proper sequence and total time, or automatic
shutdown of the engine will occur.

A propellant utilization system shown in fig-
ure 5-T is used to effect emptying of the pro-
pellant tanks as nearly simultaneously as pos-
sible. This subsystem continuously senses the
mass of the propellants remaining in the tanks
and computes the error resulting from a com-
parison of the mass ratio of the remaining pro-
pellants with a nominal mixture ratio. This
error signal then adjusts the rate of fuel flow by
repositioning the sustainer-engine fuel-control
valve to allow the burning of more or less fuel
in order that the required mass ratio can be
maintained. This assembly is made up of two
manometers, each enclosing a mandrel coated
with a dielectric material, and a computer-
comparator. The unit senses the propellant
masses by functioning as a variable capacitor
by area contact with a column of mercury bal-
anced against the liquid-propellant head in each
tank. The mandrels are shaped in such a way
that the capacitance is analogous to the mass of
propellant remaining in each tank.

The airborne pneumatic system provides the
structural rigidity for the main propellant
tanks and also provides the necessary head to
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prevent the turbopumps from cavitating at low
acceleration levels. This pneumatic system,
presented schematically in figure 5-8, is used
throughout the missile for control, reservoirs,
lubricant tanks and the pressurization of the
vernier engine propellant tanks. The pneu-
matic system also provides the actuation force
for the first stage separation latches. The pres-
surization medium is helium, and liquid nitro-
gen 1s used to refrigerate the vehicle borne he-
lium supply during the prelaunch phase of the
countdown. - Five spherical titanium storage
vessels are used for the primary supply and are
jettisioned with the booster section at staging.
The control helium bottle is retajned with the
sustainer section and provides control pressure
for the sustainer section. Tank pressurization
is maintained by helium throughout booster-
engine operation only. After first stage separa-
tion, no helium is required since oxidizer vapori-
zation will keep the pressure in the oxidizer tank
above the allowable minimum limits, and main
fuel-tank pressure decay will not reduce this
pressure beyond the minimum of allowable
limits throughout the remainder of the flight.
A liquid-oxygen tank boil-off valve is used to
maintain proper cryogenic conditions of lox
during tanking and holds.

The electrical subsystem (see fig. 5-9) is com-
posed of a 28 v d-¢ main missile battery and a
115 v d-c three-phase 400 cps inverter. Battery
power is provided to the inverter, propulsion
subsystem, flight control subsystem, propellant
utilization system and abort sensing and imple-
mentation system (ASIS). A power change-
over switch is used to transfer both a-c and d-c
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: T ESOQE]
| &7 ]
| |
Umbilical Power changeover {f___1 GO/A
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FI1cURE 5-9.—Electrical system.

power from external to internal. The position
of this switch is manually selected in the launch
control blockhouse. The main battery is a re-
motely activated unit consisting of 20 silver
zing cells connected in series and housed in a
sealed canister. The inverter is a rotary-type
inverter using a magnetic amplifier voltage and
frequency regulator and associated noise filters.
The inverter is three phase-WYE connected.

The flight control subsystem consists of a
flight programer, an autopilot, and 10 gimbaled
thrust-chamber actuator assemblies. The sub-
system stabilizes and steers the vehicle along the
desired flight path by controlling the direction
of the engine thrust vectors. Steering com-
mands are generated on the onboard flight pro-
gramer during the boost phase. Shortly after
first-stage separation, the airborne portion of
the guidance subsystem is enabled to provide
steering commands to the autopilot for the re-
mainder of the sustainer phase. The autopilot
(see fig. 5-10) consists of a gyro package, a servo
amplifier package, a programer, an excitation
transformer, and engine-position feed-back
transducers. On the standard Atlas “D”, the
main gyro package is located at station 991 and
contains three rate gyros, three displacement
gyros, and associated electronic equipment. The
programer is a transistorized electrical timing
deviee which controls the various flight sequen-
tial funetions such as roll and pitch programs,
staging filter changes, guidance enable, and so
forth throughout the entire flight. The pro-
gramer has two major sequences, the first of
which is initiated at 2-inch motion of the mis-
sile and the second at receipt of the staging
command from the ground-based portion of the
guidance subsystem. The servo-amplifier pack-
age provides the integrating circuits and in-
ciudes the necessary filters to insure proper
flight attitudes and rates. ;

The guidance subsystem (see fig. 5-11) con-
sists of the ground-based General Electric Mod
IIT-A X-band radar system, the Burroughs
A-1 computer system, and the airborne General
Electric Mod ITI-A guidance group. The Mod
ITT system consists of a position-tracking radar
subsystem which determines the position vec-
tor of the missile with respect to the guidance
station, plus a rate subsystem, which by Dop-
pler techniques measures the missile velocity.
In addition, the tracking radar serves as a data
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link to provide operational commands to the
missile-borne equipment. Position and rate
data from the radar are transmitted to the Bur-
roughs A-1 computer for processing in accord-
ance with the guidance equations. The com-
puter generates corrective commands which are
then fed back into the radar to be transmitted
as steering signals to the launch vehicle.
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Although weapon-system Atlas vehicles do
not require telemetery transmission, research
and development vehicles have such a require-
ment. Two telemetry subsystems were used on
Mercury flights. The standard subsystem was
used on flights through MA-4 (Atlas 88D).
Subsequent flights utilized a lightweight telem-
etry subsystem (see fig. 5-12) which will be de-
scribed in the next section.

Two additional systems are installed for the
use of range safety personnel. The first is the
range safety command system which receives,
decodes, and activates the arming, engine shut-
down, and destruct functions. The other sys-
tem is the Azusa radio tracking system which
monitors launch vehicle space position and
velocity. The Azusa system data are sent to
the Atlantic Missile Range IBM 7090 computer
which eontinuously predicts the instantaneous
impact point (IIP) of the launch vehicle.

Atlas Modifications For Mercury

The Atlas “D?” vehicle had been chosen for

the task of launching Mercury on the basis of

its being the most reliable launch vehicle avail-
able with the requisite performance during the
time period of the program. It was not possi-
ble .to start at that point to design a “man-
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rated” vehicle to perform the Mercury flights
without several years’ delay to the program.
Therefore, to capitalize on the reliability in-
herent in the basic design of the vehicle which
had been demonstrated in Atlas development
flight tests, a ground rule of the booster pro-
gram was to make a minimum number of
changes to the launch vehicle. Only those
changes necessary to adapt the vehicle to the
requirements of the Mercury mission or those
required to improve the safety of the vehicle
for manned flight would be authorized. As
with any development program, flight-test ex-
perience established the need for incorporation
of additional modifications with the major pur-
pose being the enhancement of reliability and
pilot safety. It should be recognized, however,
that an extremely conservative approach was
taken with regard to such changes. Modifica-
tions required extensive ground testing, and no
critical modification to be used in a manned
flight was incorporated until it had been suc-
cessfully flown on at least one other Atlas. The
following paragraphs describe the major sys-
tem modifications incorporated in Mercury-
Atlas launch vehicles. These changes are
shown schematically in figure 5-13.

In the first category of changes required by
the Mercury mission, one of the most important
of the changes was the addition of a new auto-
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F1cure 5-13.—Launch-vehicle modifications for
Mercury.

pilot rate gyro package in a position considera-
bly ahead of that used on the standard Atlas
“D”. This addition was dictated by the longer
Mercury payload and its effect on the flexible
Atlas tank during flight. The modification
provided optimum attitude rate sensing with
resulting minimum engine deflections for more
efficient performance of the launch vehicle.
The standard rate gyro installation was re-
tained for abort system sensing.

Additional changes in this category include
the deletion of the vernier solo phase of opera-
tion and relocation of the retrorockets from the
launch vehicle to the spacecraft for use as posi-
grade rocket motors. In the vernier solo mode
of operation the vernier engines remain in oper-
ation after sustainer engine cut-off, which al-
lows very delicate adjustments to vehicle
velocity. Deletion of this mode permitted a
reduction in weight and mission complexity
with a resultant improvement in performance
and reliability. Relocation of the retrorockets
was feasible since the Mercury spacecratt was
lighter and the posigrade rockets would thus
be more efficient in separating the spacecraft
from the launch vehicle. The standard Atlas
used these retrorockets to “back off” the launch
vehicle from the payload. This relocation of the
Atlas retrorockets to the spacecraft retropack
required that the thin skin of the lox dome be
protected from the rocket exhaust. This was
accomplished by developing a fiberglass shield
that attached to the mating ring and covered
the entire dome. A wet-start technique was also
incorporated in the engine starting sequence to
minimize starting transients. Another change
required for the Mercury mission affected the
guidance system. Because the trajectory of the
Mercury-Atlas flight differed greatly from that
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of the weapon system vehicles, new gnidapce
antennas were required to insure maximum sig-
nal strength throughout powered flight. Ex-
tensive theoretical and model work was re-
quired to develop antennas which would have
suitable radiation patterns.

By far the most important change made to
the Atlas in support of Project Mercury was
the development and installation of an entirely
new system, the Abort Sensing and Tmplemen-
tation System (ASIS). This system was de-
signed to bridge the gap between the admittedly
less than perfect reliability of the basic Atlas
weapon system design and that near-perfect
reliability desirable for a manned flight system.
From a very searching and thorough analysis of
Atlas flight data, it was seen that certain missile
parameters deviated from a norm sufficiently
ahead of ecatastrophic failure to be used as
warnings. It was decided to develop an ex-
tremely reliable automatic system to monitor
these parameters and to signal the spacecraft
escape system when a catastrophe was im-
minent.

The parameters that were considered the most
significant for abort indications (see fig. 5=14)
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FI16URE 5-14.—Abort system sensors for Mercury-Atlas
launch vehicle.

were the liquid oxygen tank pressure, the dif-
ferential pressure across the intermediate bulk-
head, the missile attitude rates about all three
axes, rocket-engine injector manifold pressures,
sustainer hydraulic pressure, and the launch-
vehicle a-c power. Dual sensors for each of
these parameters were incorporated into the
Atlas system and operation outside a prede-
termined tolerance band then caused the ASIS

to drop out the 28 volt power being supplied to-

the catastrophic failure detection relays. This
drop-out of voltage provided an additional
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measure of safety in that if the abort sensing
system failed in itself, the loss of power to the
spacecraft would also cause an abort. This sys-
tem was developed at GD/A under the direction
of the Air Force and its systems engineering
contractor and with the coordination of the
NASA Manned Spacecraft Center group. This
subsystem with its sensors was flown “piggy-
back” on Atlas research and development ve-
hicles prior to the first Mercury-Atlas flight at
which time it was flown in the open-loop con-
figuration. The first closed-loop flight of this
system was the MA-3 mission. The flight very
successfully demonstrated the capability of the
ASTS when the launch vehicle was destroyed by
the range safety officer. The ASIS satisfac-
torily signaled an abort to the spacecraft in
sufficient time to permit adequate separation of
the spacecraft from the Atlas explosion.

To provide additional safety measures with
the automatic abort, commanded abort, and
range safety command destruct, a 3-second de-
lay was incorporated between the signal that
commanded engine shutdown and the signal
that ignited the destruct package on the launch
vehicle. With this change, the launch vehicle
could not be destroyed by command for a period
of 3 seconds after the engines were shut down.
This delay was incorporated to provide ade-
quate separation of the spacecraft from the
launch vehicle prior to a command destruct. To
provide protection to the launch area, a lockout
was incorporated from lift-off to 30 seconds that
prevented an abort command from signaling
engine shutdown. The spacecraft launch-
escape motor had sufficient thrust to provide
adequate separation from the Atlas during this
period. Immediately after the failure of the
MA-1 (Atlas 50D) mission, a special board was
convened to investigate the cause of the failure.
A number of separate phases of investigation
were performed under the direction of the
board. These included extensive analyses by
Aerospace and GD/A of the thermal environ-
ment, discontinuity stresses, and aerodynamic
loads. Wind-tunnel tests were performed to
gain more knowledge of the aerodynamic condi-
tions imposed on the total flight vehicle in the
transonic and maximum dynamic-pressure
regions. Analyses conducted by NASA Space
Task Group personnel indicated the possibility
of concentrated loads being introduced into the




Atlas through the forward structural ring
which mated with the spacecraft adapter. None
of the investigations or analyses were able to
pinpoint the exact cause of the initial failure of
the vehicle, but there was no question of the fact
that the failure had occurred in the area of the
forward lox tank and the spacecraft adapter.

Because of the failure of MA-1 in July 1960
and the successful flight from a structural
standpoint of Big Joe I (10D) in September
1959, a coordinated decision was made by BMD
and NASA fo increase the thickness of the four
forward skins of the Atlas lox tank on future
Mercury-Atlas launch vehicles to approxi-
mately the same dimensions as those on 10D.
At the same time it was agreed that the space-
craft adapter would be stiffened. In order to
fly the MA-2 mission with Atlas 67D, a thin-
skinned vehicle, without undue delay a tempo-
rary modification was made. A stainless steel
reinforcing band was installed about the lower
flange of the mating structure (Station 502
ring) and the first skin aft.

Early in the Mercury program, it was decided
to incorporate the electronic “square” autopilot
in place of the electromechanical “round” auto-
pilot. The reason for selecting the relatively
new electronic system over the proven round
autopilot was to obtain improved reliability, im-
proved maintainability due to modular plug in
packaging, much increased flexibility to allow
for most types of mission changes, and ease of
manufacturing by eliminating much of the hid-
den, point-to-point wiring, and the mechanical
setup of the programer. The improved relia-
bility was a result of including such design
features as electronic switching in place of
mechanical switching, electronic integration in
place of electromechanical integration, and im-
proved circuit board design.

Initial flight testing in the Atlas program
was accomplished by using an early type of tele-
metry system. The weight and power require-
ments to operate the early system were high,
and oscillator stability degraded over a short
operating time span. A transistorized, light-
weight system was developed by GD/A to sup-
port the Centaur flight test programs and ap-
peared to be well suited to the Mercury program
(fig. 5-12). NASA requested the Air Force to
incorporate the new lightweight system as soon

as practicable. This system was first flown on
launch vehicle 100D.

Normal cut-off of the sustainer and vernier
engines is initiated by a discrete signal from
the Burroughs computer to the ground guidance
station. The ground guidance station then re-
transmits this signal to the airborne decoder
which in turn signals engine shutdown. A
partially redundant path for the sustainer-en-
gine cut-off (SECO) discrete transmission was
developed early in the program. This path en-
abled the Burroughs computer to forward the
signal to the launch vehicle through the range
safety command transmitter, to the airborne re-
ceiver and then to the engine relay control.
This path was not wholly redundant because
no duplication existed in the computer func-
tion for generating the SECO time; therefore,
a single failure mode still remained. As a re-
sult, discussions with the AMR range personnel
brought out the capability of the Azusa system
to provide a completely redundant SECO dis-
crete signal. The Azusa system in conjunction
with the TP 7090 computer continuously com-
puted the instantaneous launch-vehicle impact
point (IIP) for Range Safety purposes.
With certain modifications to the IP 7090 pro-
gram it was possible to obtain the time at which
orbital velocity was attained. This time was
provided electrically by land line to the NASA
Flight Director. The Flight Director used this
signal as a backup in the event of a failure or
malfunction of the Mod III guidance system.
This backup SECO system was susceptible to
guidance noise; therefore, it was discontinued
after the MA-8 mission.

The SECO discrete transmitted to the launch
vehicle through the range safety command sys-
tem as described above, was originally tied to
the output of the guidance decoder which ob-
tained a SECO discrete through the guidance
system. Both SECO signals used the same
path from the guidance decoder and the range
safety command receiver to the engine shut-
down relays. Additional engineering was re-
quired to reroute the signal to provide a
completely redundant path.

It is pointed out later in the paper that a
problem was discovered with the guidance sys-
tem at low antenna elevation angles. After a
thorough study of the hardware involved, it
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was concluded that the excessive noise in re-
ceived signals was cyclic in nature and was
caused by an as yet undetermined atmospheric
phenomenon. To reduce the effect of the noise
in the over-all guidance loop, first the guidance
equations were modified to provide additional
smoothing, and second, the rate station base legs
were increased from 2,000 to 6,000 feet. Al-
though the latter modification did not reduce
the actual noise being received, the deleterious
effect of the noise on the received signals was
reduced by approximately 3 to 1. The third
and more complex phase of the study was the
development of a mathematical model of the
noise to permit a more detailed analysis of the
trajectory equation changes that were necessary
to minimize this effect. These changes were
made to the guidance equations and used on the
MA-9 mission.

A fuel tanking test that was being accom-
plished between the first and second launch at-
tempts of the M A-6 mission brought out a prob-
lem that necessitated a major airframe change.
The plastic foam material that is used for insu-
lating the base of the liquid oxygen tank from
the fuel tank is contained between two hemi-
spherical bulkheads which separate the lox and
fuel. A more detailed description of this prob-
lem is contained in a deseription of the MA-6
mission. The limited need for the insulation
material coupled with the undesirable feature
of removing the bulkhead in the field indicated
the need for eliminating the insulation bulkhead
from all future Mercury vehicles. A change in
the production line stopped further installations
of this material.

A major modification in the propulsion sys-
tem was required to eliminate the possibility of
combustion instability. Early in the Atlas pro-
gram, it was found through flight test experi-
ence that combustion instability in the booster
engines could cause catastrophic failure of the
entire missile. The probability of the occur-
rence was low ; however, the need for maximum
safety in the manned space program dictated
the need for corrective action. Initially, rough
combustion monitors were incorporated and the
Atlas was held down for an additional period of
time, to allow sensing of the engine vibration
characteristics. A rough combustion cut-off
(RCC) system then would automatically shut
down the engine if combustion instabilities oc-
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curred. Again, a thorough ground and flight
test program was required before installation on
Mercury—Atlas launch vehicles. Another modi-
fication provided redundancy in the electrical
portion of the propulsion system to insure en-
gine shutdown at SECO. Actign was taken also
to reroute electrical circuitry to insure proper
valve sequencing during start in the high-pres-
sure liquid oxygen plumbing.

Another major modification was made to the
booster engine turbopumps. Flight and com-
ponent testing experience show that incidents
had occurred where the lox pump impeller had
rubbed against the inlet adapter of the pump.
This rubbing caused sufficient heat to ignite the
lox and in some cases cause an explosion in the
turbopump. Extensive analyses and tests could
not pinpoint the exact cause for rubbing; how-
ever, the effect of the rubbing could be elimi-
nated by lining the inlet adapter with a plastic
material. Months of component and system
testing and engineering review were required to
provide positive assurance of the suitability of
this modification.

Limited changes were made to the pneumatic
system specifically for Mercury. Considerable
effort was expended however on analyzing tank
pressure oscillation that occurs during lift-off
under certain payload conditions. The neces-
sary precautions were taken until this problem
was resolved. To resolve the entire problem a
complex computer model was developed to rep-
resent the dynamic conditions existing in the
pneumatie system and structure of the Mercury-
Atlas vehicle. It was found at the conclusion
of the study that earlier characteristics of the
helium regulator which controls pressurization
gas to the oxidizer tank tended to drive the sys-
tem into a resonant condition. The new regula-
tor that was used with Mercury did not have
the unstable characteristics; therefore, flight
restrictions were removed.

The propellant utilization (PU) system was
modified to insure an outage of lox rather than
fuel in the event abnormal flight characteristics
caused the vehicle to expend the total propel-
lant. Early studies had indicated that a safer
engine shutdown would be possible in this pro-
pellant depletion shutdown case if the lox sup-
ply was the first to be consumed. The PU
system normally monitors the propellant levels
to maintain the proper ratio of onboard pro-




pellants. For the Mercury-Atlas the system
was modified to drive the mixture ratio to the
lox-rich condition at 10 seconds prior to SECO
to reduce.the ratio of lox to fuel. More recent-
ly, a revised method of calibration and a slightly
modified mandrel have been developed to pro-
vide a more accurate method of maintaining
proper propellant ratios.

A normal phenomenon associated with the
Atlas vehicle is a roll oscillation that occurs with
the missile as the vehicle becomes free of the
launcher mechanism. Ordinarily this roll is of
small magnitude, and quickly corrected as the
autopilot is enabled. A review of flight test
history showed that certain vehicles were dis-
placed at roll rates which approached the abort
threshold established for the ASIS in roll.
Two parallel studies were accomplished to re-
view this problem area. One study reeval-
uated the abort thresholds to determine if the
roll rate limit could be increased. The other
study attempted to determine the cause for the
roll oscillation in order that a proper modifica-
tion could be made. It was determined that
limited opening of the threshold in roll could
be accomplished. The study into the cause for
the roll included developing a mathematical
model of the launcher mechanism, analysis of
control forces required to rotate the missile simi-
lar to that demonstrated in flight, base recircula-
tion, engine alinement, and a review of engine
acceptance data at Rocketdyne. It was readily
apparent that the canted turbine exhaust duct
contributed to the clockwise roll moment. This
force could cause only half of the roll moment
experienced by the missile. Acceptance data
from the engine supplier showed that a group
of 81 engines had an average roll moment in the
same direction of approximately the same mag-
nitude as that experienced in flight. Although
the acceptance test-stand and flight-experience
data on individual engines did not correlate, it
was determined that offsetting the alinement of
the booster engines could counteract this roll
moment and minimize the roll tendency at lift-
off. This change was flight tested and found to
correct the roll moment satisfactorily; there-
fore, the change was incorporated for MA-9 in
Atlas 130D.

Flight Test Summary

Big Joe

The first Mercury-Atlas launch was that of
Big Joe 1, Atlas number 10D, on September 9,
1959.  Atlas 10D was built originally as an
R and D vehicle but had received the initial
Mercury modifications. The payload was a
boilerplate spacecraft. The purposes of the
flight were to test the spacecraft’s ablative heat
shield, afterbody heating, reentry dynamics,
attitude control and recovery capability.

Two flight readiness firings (FRF) were per-
formed on Big Joe 1. The first, on September
1, 1959, ended immediately after T—0 because
the ignition stage delay timer commanded shut-
down of the rocket engines when neither sus-
tainer nor main engine ignition followed
normal vernier ignition. There was no booster
or stand damage. The second FRF was suc-
cessfully completed on September 3, 1959, with
normal ignition, transition to main stage and
shutdown by the engine timer after approxi-
mately 19 seconds of running time.

During the launch on September 9, 1959, en-
gine ignition, thrust buildup and lift-oft were
normal, and launch vehicle performance was
completely satisfactory throughout the booster
phase. However, after booster engine cut-off
(BECO) the booster section failed to jettison
and remained attached to the vehicle for the
duration of the flight. The sustairer continued
to power the vehicle until propellant depletion
some 14 seconds prior to normal cut-off. The
malfunction resulted in the vehicle failing to
achieve planned maximum velocity and in ex-
ceeding planned maximum altitude.

Although the injection conditions were con-
siderably different from the preplanned values,
the spacecraft reentry satisfied the NASA test
objectives. By extrapolating the acquired
data, NASA Space Task Group was able to
derive the information which was required for
spacecraft design. The spacecraft was recov-
ered and returned to Cape Canaveral. Since
the data from Big Joe 1 satisfied NASA re-
quirements, a second Mercury launch, Big Joe
2 (Atlas 20D), which had been scheduled for
the fall of 1959, was cancelled and the launch
vehicle was transferred to another program.
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MA-1

The first of the Mercury-Atlas series, MA-1,
was launched at 8: 13 a.m. e.s.t. on July 29, 1960,
from AMR Launch Complex 14. The vehicle
consisted of Atlas 50D and Mercury Spacecraft
number 4, the first production spacecraft, and
adapter. The spacecraft primary test objec-
tives concerned structural integrity, afterbody
heating and reentry dynamics from a tempera-
ture critical abort. Launch vehicle objectives
concerned the capability to release the space-
craft at the desired insertion conditions and the
evaluation of the open-loop operation of the
Abort Sensing and Implementation System
(ASIS). A single successful FRF was ac-
complished on July 21, 1960.

Lift-off and flight of the vehicle were nominal
until 57.6 seconds after lift-off when a shock
was registered by both the launch vehicle and
spacecraft axial accelerometers. The vehicle
at that time was at approximately an altitude
of 30,000 feet and 11,000 feet down range. The
sequence of sensing of the shock indicated that
the disturbances occurred in the area of the
adapter and the forward portion of the lox tank.
All Atlas telemetry was lost at 59 seconds, which
is believed to be the time of final missile destruc-
tion. Spacecraft telemetry however, continued
until 202 seconds, which was the time of land-
ing on the sea, approximately 5 miles down-
range. The only launch vehicle primary test
objective accomplished was successful evalua-
tion of the open-loop performance of the
ASIS which generated an abort signal at 57.6
seconds due to loss of normal a-¢ voltage.

The failure investigation and results are dis-
cussed in the section Atlas Modifications for
Mercury in this paper.

MA-2

The MA-2 mission was flown by using the
Atlas 67D and a production Mercury space-
craft. Test objectives for this flight were con-
cerned with the ability of the spacecraft to
withstand reentry under the temperature-criti-
cal abort conditions and with the capability of
the Atlas to meet the proper injection condi-
ti(.)ns. This Atlas “D” modified for the Mercury
mission, was unique in the program in that it
incorporated a stainless steel reinforcing band
installed around the vehicle between stations
502 and 510. A thin sheet of asbestos was in-
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stalled between the reinforcing band and the
tank skin. ‘This modification was installed as
a precaution against the type of failure which
had occurred on the previous MA-1 flight. At-
las 67D had accomplished a successful Flight
Readiness Firing on November 19, 1960.

Launch countdown was satisfactory. Al-
though 70 minutes of hold and recyecle time were
required, none of this time was required for
the launch vehicle systems. Lift-off occurred
at.9:10 a.m. es.t. on February 21, 1961. Igni-
tion and transition to main stage were normal,
and lift-off was clean. The launch-vehicle
flight was uneventful. All test objectives were
fully met, and the spacecraft was successfully
recovered. This launch was the first one which
was preceded by a full Fligcht Safety Review
Board in accordance with the Mercury-Atlas
Booster Pilot Safety Program.

MA-3

Atlas 100D, the launch vehicle for the MA-3
mission, was launched from Complex 14 at
AMR at 11:15 a.m. e.s.t. on April 25,1961. The
mission was terminated by the range safety offi-
cer after approximately 43.3 seconds due to
failure of the launch vehicle to follow its roll
and pitch programs. Although the launch-ve-
hicle was destroyed as a result of a malfunction,
considerable benefit was derived from the flight
test. First, the satisfactory closed-loop per-
formance of the ASIS was demonstrated when
the booster engines were shutdown and escape
rocket ignition was initiated automatically by
the ASIS. The escape was so successful that
the spacecraft was recovered some 20 minutes
after launch and reused on the next flight.

Second, because of the nature of the failure
an intensive reexamination of the complete elec-
trical cireuitry and its design, manufacture and
installation for both the launch complex and
the Atlas was conducted. The malfunction
which caused flight termination was isolated to
the flight programer or associated circuitry.
The programer either failed to start or started
and then subsequently stopped without initiat-
ing the roll and pitch program. The programer
was subsequently recovered, examined, and
tested. The most probable cause of the flight
failure was traced to contamination of one of
the programer pins which under vibration could
have caused the failure. The extensive review



that was conducted to analyze the flight failure
also revealed other deficiencies in the flight con-
trol systems. Changes were made to the system
to eliminate these possible failure modes and to
improve the over-all system reliability.

MA-4

On August 24, 1961, the Flight Safety Review
Board for the MA—4 mission (Atlas 88D) per-
formed a thorough review of all pertinent prob-
lem areas and all recent Atlas flight test prob-
lems. At the completion of the meeting, the
Flight Safety Review Board approved the use
of Launch Vehicle 88D for the MA—4 mission.
The launch was delayed for a 1-week period, and
during this period of time a transistor malfune-
tion in one of the flight control canisters aroused
considerable concern. An investigation into the
factors associated with this failure necessitated
an Air Force Program Office decision to delay
the flight in order that flicht control equipment
could be reworked to eliminate this failure mode.
The contractor responded to this decision with
a concentrated effort to rework and test the
equipment in time to support a mid-September
launch. On September 12, 1961, the Flight
Safety Review Board reconvened. The flight
control canister rework was reviewed in detail
and the Board concluded that 88D was suit-
able for launch. The 88D was scheduled for a
250-minute countdown starting at 2:50 a.m.
e.s.t. on September 13, 1961. There were four
holds and a recycle which resulted in a total
count of 374 minutes. Propulsion system per-
formance was normal throughout the start se-
quence, additional hold-down period and flight.
Thrust chamber vibration levels were normal
during the hold-down period and chamber pres-
sures were nominal. Lift-off occurred at 9:04
a.m. es.t. The flight control systems satisfac-
torily generated the missile roll and pitchover
programs and responded correctly to guidance
discrete and steering commands. An oscilla-
tion in the pitch plane was evident from T+15
seconds to T+ 21 seconds. Missile bending was
evidenced by an accelerometer located on the
lox-dome, launch-vehicle flight control rate gy-
ros, and by spacecraft rate gyros. A change to
a launch-vehicle automatic hydraulic actuator
had been incorporated on the MA—4 launch ve-
hicle, and the flight control gains had been mod-
ified. A postflight modal analysis of the MA—4
data showed that marginal stability character-

istics existed with these changes; therefore, ad-
ditional filtering was deemed to be necessary
for future Mercury flights. Propellant slosh
amplitudes during the booster phase were low
and considerably less than that observed on
launch vehicle 67D. The spacecraft injection
conditions on the flight of 88D were of the poor-
est quality of all Mercury-Atlas flights. Toler-
ance limits were not exceeded; however, a
thorough study was required to determine the
cause. An analysis of the flight data brought
to light tracking phenomena associated with low
incident angles. Under certain conditions the
guidance system could be affected by varying
atmospheric refraction towards the end of flight
when the vehicle was approaching the horizon.
Limited experience had been obtained at these
low elevation angles with the Mod I1I guidance
system. A continuing study was conducted by
SSD, GE, Aerospace Corporation, and Space
Technology Laboratories in conjunction with
the AF Electronic System Division and its tech-
nical staff to determine the source and limita-
tions of this phenomenon. Knowledge gained
from this study was later used to rewrite the
trajectory equations to reduce the effects of re-
fraction anomalies. The postflight evaluation
of the launch vehicle 88D mission indicated that
all flight objectives were successfully achieved.

MA-5

On November 28, 1961, the Flight Safety Re-
view Board met to consider all aspects of the
MA-5 (93-D) mission. Included in the Board
review were the autopilot changes that resulted
from the previous flight and a thorough discus-
sion of the activities and studies conducted in
the evaluation of the guidance phenomena.
Additional problems associated with other Atlas
space and weapons flight test were reviewed.
The Board committed the vehicle to launch.

A number of holds were required during the
countdown on November 29, 1963. The data
link between the GE ground guidance station
and the Mercury Control Center dropped out
temporarily, requiring a 4-minute hold, and a
3-minute hold was called at T —7 minutes to re-
solve a pulse beacon anomaly. Ignition and
transition into mainstage were accomplished
satisfactorily and within expected limits.
There was no indication of the pitch osecilla-
tion observed on the launch of 88D. Following
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lift-off a slight oscillation was noted in the pitch
channel during the roll program which is com-
mon to all launches. The usual flight oscilla-
tion due to slosh was observed from T +86 sec-
onds to T+100 seconds. Staging transients
were normal. Approximately 30 seconds before
sustainer engine cut-off, a slight oscillation ap-
peared in the pitch channel. This condition
persisted for 15 seconds, but the magnitude of
the oscillation was of no significance. All flight
test objectives were met and the performance of
the launch vehicle was within expected toler-

ance limits.
MA-6

The historie flight of Astronaut John Glenn
was conducted on board Atlas launch vehicle
109D and Mercury Spacecraft number 13.
This was the flight for which the Atlas Pilot
Safety Program had been conceived and for
which the launch vehicle team had been prepar-
ing so long. Major General O. J. Ritland, then
Commander, SSD, convened the Fight Safety
Review Board on January 26, 1962, to determine
the suitability of Atlas 109D for support of the
MA-6 mission. In addition to reviewing the
readiness of 109D, the Board reassessed the
critical problem areas in the development of the
Atlas in support of the Mercury program.
This reassessment included all major develop-
ments, flight-test incidents and corrective action,
the results of additional reliability tests and
analyses conducted specifically for Mercury, the
performance and test status of the abort system,
performance margins experienced on past flghts
and the prediction for MA-6, the configuration
differences between the previous Mercury ve-
hicle and 109D, and the production and test his-
tory of 109D prior to its arrival at AMR. One
minor, last-minute problem with a faulty pin
connection in the staging umbilical necessitated
a second session of the board on January 26,
1962. The condition was repaired, and a com-
plete series of tests to validate all the pin con-
nections in the connector was satisfactorily ac-
complished. After the second session the
Board committed 109D for the launch of MA-6.
Adverse weather in the launch area forced the
cancellation of the first launch attempt on Janu-
ary 27, 1962. After a tanking test was con-
ducted on January 30, fuel was detected in the
insulation bulkhead located between the fuel and
liquid oxygen tanks. The insulation bulkhead
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is located beneath the intermediate bulkhead
that structurally separates the two tanks and is
composed of a plastic foam material vented to
the fuel tank and supported by a thin steel mem-
brane. Test of the plastic material indicated
that sufficient fuel could be retained in the in-
sulation material to overload the membrane sup-
porting the insulation bulkhead under flight ac-
celerations. Inasmuch as it was not possible to
assess the amount of saturation accurately, a de-
cision was made to remove the insulation mate-
rial and the supporting structure. The extent
of the repair on Atlas 109D at AMR constituted
a major but necessary rework of the vehicle in
the field. Because of the extent of the repair
a highly qualified group of personnel from
Aerospace, 65655 ATW and GD/A were selected
as a special committee to review all procedures
associated with the task. This group also was
responsible for validating of the complete task.
The primary reason the task was authorized as
a field modification was because it had been suc-
cessfully performed in the field only weeks be-
fore on Atlas 121D, the Ranger 3 launch ve-
hicle which flew successfully.

The combined Atlas-Mercury . countdown
was begun at 11:30 p.m. e.s.t. on February 19,
1962. A built-in hold of 90 minutes was
scheduled to begin at T—120 minutes. At T—
280 minutes, a telemetry check indicated the
Azusa impact predictor was ‘“no-go.” The
ground station was checked and found to be
operating satisfactorily. The tower decks
around the transponder were raised, but still
the Azusa system could not achieve a satisfac-
tory lock. A decision was made to change the
transponder which was accomplished by T—
273 minutes. The test was resumed and Azusa
was declared “go” at T-218 minutes. No hold
time was involved. At T —149 minutes, during
the flight control system test, there was a sud-
den drop in the rate beacon automatic gain con-

~ trol (AGC). The first backup beacon was

substituted for the original unit during the
built-in hold. This hold was extended for 30
minutes and then extended another 15 minutes
to complete installation and retesting. Ten
additional minutes of hold were required for
the spacecraft. At T—60 minutes a 30-minute
hold was requested by Mercury Control Center
which was then extended an additional 5 min-
utes. At T —45 minutes a 15-minute delay was



instituted to catch up with the countdown pro-
cedures. Lox tanking began at 8:30 a.m. es.t.
Lox pump problems caused a 25-minute delay in
the count. A 2-minute hold at T —6.5 minutes
was requested by Mercury Control. The count

. then proceeded normally to T—0. Lift-off of

109D and Astronaut Glenn occurred at 9 :47 a.m.
es.t. Propulsion system operation during
ignition was satisfactory. The longitudinal
oscillation normally expected at lift-off were
nominal and damped out by approximately 25
seconds after lift-off. Performance of the guid-
ance system was satisfactory. The missile was
acquired by radar at the normal time, and
tracking was maintained continuously through-
out SECO. Steering began at 155 seconds with
60-percent pitchup and 23-percent yaw right
commands of 10 and 5 seconds duration, re-
spectively. These initial commands were ac-
ceptable for the planned trajectory. Thereafter
pitch steering did not exceed 10 percent and
yaw steering 5 percent until the end of the flight.

- Flight control system performance was satis-

factory. All monitored programer pitch func-
tions occurred at the proper time. Staging se-
quence was normal and no evidence of pitch
oscillation buildup occurred during the flight.
Insertion accuracies were good and well within
the tolerance requirements established by
NASA. Postflight evaluation of the mission
indicated that all systems functioned satisfac-
torily, and no significant anomalies were
apparent.

MA-7

Atlas 107D was shipped to AMR on March 7,
1962, to support the MA-T flight of Astronaut
Carpenter in spacecraft number 18. The ve-
hicle was erected on March 14, 1962, and no
serious problems were found during the pre-
launch activity. A joint spacecraft and launch-
vehicle flight-acceptance  composite  test

(FACT) was conducted on May 4, 1962. The .

Flight Safety Review Board met on May 23
under the chairmanship of Lit. General Estes,
then Commander of SSD, for the purpose of de-
termining the readiness of 107D to support the
second Mercury manned orbital launch. The
combined Atlas-Mercury countdown began at
T—390 minutes at 11 :00 p.m. e.s.t. May 23, 1962.
The count proceeded very smoothly and without
delay until T—11 minutes when the NASA

flight director called a 15-minute hold because
of unfavorable ground visual conditions. An
additional 15-minute hold for the same reason
was requested. At 7:17 am. e.s.t. an additional
10-minute hold was requested to analyze air-
borne refractometer test data to determine its
effect on the ground guidance system. At 6:28
a.m. e.s.t. an additional 5-minute hold was called
to complete the analysis of the refractometer
data. Countdown was resumed at 7:34 a.m.
e.s.t. and proceeded normally to T—0.

The Atlas vernier-sustainer and booster
ignition and transition to mainstage were
normal. Lift-off transients were very small and
the normal pitch oscillation seen during the roll
program was of minimum magnitude. Guid-
ance lock-on was normal. No yaw command
was necessary at the time of guidance enable.
A slight pitchup was commanded, after which
no steering commands were required until just
before SECO. Staging transients were very
small. An anomaly occurred in the sustainer
hydraulic system when at T+192 seconds te-
lemetry data showed that the sustainer engine
control hydraulic pressure had begun to drop.
The number two ASIS pressure switch acti-
vated at T'+265.1 seconds when system pressure
dropped below the abort level. The number one
ASIS switch, which is on a separate sensing
line, did not activate and therefore no abort
signal was generated. Other telemetry meas-
urements did not show corresponding hydraulie
pressure drop. Test simulations conducted after
the flight duplicated flight test indications when
the sense line was cold soaked at liquid oxygen
temperatures. Action was taken to modify
future Mercury vehicles by insulating the sense
lines. Guidance accuracies for the flight were
improved as.a result of the extension of the
ground based rate system base legs. This was
the first Mercury flight to incorporate this
modification.

MA-8

Atlas launch vehiele 113D scheduled to sup-
port the MA-8 mission on October 3, 1962, in-
corporated the baffled injector modification in
the two booster engines. Sufficient ground and
flight test experience had been conducted to pro-
vide adequate assurance of the additional flight
safety possible with this modification. How-
ever, recent ground and flight test failures of
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the sustainer turbopump created a new atmos-
phere of concern in the engine area. Investi-
gation of these failures did not reveal any
specific cause.  Therefore, additional testing
was required to determine the susceptibility of
113D to a similar malfunction. An extensive
analysis of these past failures did point out that
two conditions were common to the failures.
The first condition was that the failure occurred
during the period of time the fuel control valve
was moving into the control position during
start. Secondly, the malfunction had always
occurred during the initial test of the system in
that configuration. For these reasons it was
determined that conducting an FRF on 113D in
its launch configuration should expose the turbo-
pump to this failure mechanism. Accordingly,
an FRF was conducted on September 8. Post
FRF evaluation indicated that the propulsion
system was flight ready.

Major General Ben I. Funk, Commander,
SSD, conducted the Flight Safety Review for
the MA-8 mission at 9:30 a.m. e.s.t. on October
2, 1962, to determine the flight readiness of
Atlas 113D. NASA concurred with the board’s
recommendation that the vehicle was in suitable
condition to support the MA-8 mission.

MA-8 (Atlas 113D) was launched at AMR
Complex 14, 7:15 a.m. e.s.t. on October 3, 1962.
The performance of the propulsion system was
satisfactory. Telemetered values of all meas-
urements were indicative of normal system op-
eration. Because of the incorporation of the
production baffled thrust chamber injectors on
the booster engines the missile hold-down time
was not extended, and the rough combustion
cut-off system was installed open loop on the
booster and the sustainer engine for instrumen-
tation purposes only. Flight control data in-
dicated the usual clockwise roll transient at
lift-off ; however, in this case the transient con-
dition approached 80 percent of the abort
threshold. TLongitudinal oscillations and pitch
oscillations during the initial portion of the
flight were nominal and slosh amplitudes were
within expected values. All monitored pro-
gramer switch functions occurred at the proper
times and staging sequence was normal. A low
amplitude roll limit cycle was apparent from
approximately 252 seconds to SECQO. Per-
formance of the guidance system was satisfac-
tory with negligible steering commands re-
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quired after responding to the initial inputs.
Insertion conditions were very close to nominal.

MA-9

Atlas 180D was the sixth consecutive launch
vehicle to place a Mercury spacecraft into earth
orbit. It was the tenth and final launch vehi-
cle used in the Mercury-Atlas program. 130D
was accepted at the General Dynamics/Astro-
nautics plant at San Diego, California, on
March 15, 1962. Acceptance of this vehicle
marked the attainment of a long standing goal
of the SSD-Aerospace launch vehicle program
offices: acceptance of a Mercury-Atlas launch
vehicle without discrepancies or contractual de-
viations.

The Flight Safety Review Board convened
on May 13, 1963, with Major General Ben T.
Funk, Commander, SSD, as chairman, to re-
view the status of Atlas 130D to support the
MA-9 mission. The MA-8 launch-vehicle per-
formance and the MA-9 launch-vehicle pre-
dicted performance were reviewed. All dif-
ferences between the MA-8 and MA-9 vehicles
were discussed, as well as the flight qualifica-
tion of these changes. The history of manu-
facturing and testing of 130D at the manufac-
turer’s plant and the prelaunch history at AMR
were reviewed. Atlas flight-test experiences
were updated to insure that no related prob-
lems existed and the board agreed that 130D
was ready for flight. An initial launch attempt
was made on May 14, 1963 ; however, the diesel
engine used for retracting and stowing the
gantry caused a delay in the count when it mal-
functioned. Subsequently, the launch was
postponed until the following day because of a
malfunction in the radar at Bermuda.

The Atlas prelaunch operation, which began
on time at midnight of May 14, 1963, was
scheduled for a 390-minute countdown plus one
planned hold of 90 minutes duration at T—140.
There was one unscheduled hold of 4 minutes
duration at T—11 minutes 30 seconds, to inves-
tigate a signal fluctuation in the Mod III
ground guidance system. The anomaly was
attributed to an outside source of radiation,
and the countdown was resumed. The whole
launch vehicle countdown had been exception-
ally smooth, and no further delays were en-
countered. Ignition, transition to mainstage
and lift-off were normal with no additional



hold-down beyond the normal approximately
9 seconds between flicht lock-in and release.
Lift-off occurred at 8:04:13 a.m. es.t., on May
15, 1963. As the vehicle came off the launcher
arms it rolled counterclockwise approximately
0.3° before this minor transient was corrected
by autopilot control initiation at 40’ motion.
The expected slight longitudinal oscillation as-
sociated with lift-off occurred during the first
few seconds of missile motion and damped
normally. At two seconds after lift-off the
roll program was enabled and 130D rolled to-
ward its climbout heading of 72°.  The roll pro-
eram was completed at 15 seconds, and the
booster pitch program was enabled. Slight
lofting took place during the early portion of
the booster powered flight ; however, the vehi-
cle intercepted the planned trajectory at 125
seconds. Propellant sloshing became notice-
able at 55 seconds, reaching a maximum ampli-
tude at 98 seconds and decaying to a negligible
value by 120 seconds. Propellant slosh during
this period of time is normal, but the ampli-
tudes on this flight were higher than on most
previous Mercury launches. Postflight review
of the 130D flight control gains indicated they
were within tolerance but below nominal.
Higher than normal propellant slosh ampli-
tudes could be expected under these conditions.
Booster engine cut-off (BECO) was accom-
plished at 132.5 seconds with booster section
staging at 135.4 seconds. Space position at
BECO was very close to planned. At BECO
the sustainer engine was nulled in pitch and
yaw to assure proper clearance of the booster
section during the jettison phase. After booster
jettison the sustainer was reactivated in pitch
and yaw. The sustainer-stage piteh program
was initiated at staging plus 5 seconds and was
completed at 159 seconds after lift-off. Tn-
trance into the guidance steering mode was
relatively smooth with the initial steering re-
sponse being slightly up and to the right. After
the initial correction, only extremely small
steering commands were transmitted. SECO
occurred at 303.03 seconds, approximately 1
second earlier than planned. Burnout condi-
tions of the launch vehicle were very close to
those planned and were within a few feet per
second high in velocity, 500 feet low in altitude,
and 0.005° low in flight path angle.

A detailed analysis of flight test data has
shown that the launch vehicle performance was
very close tonominal. An over-all vehicle post-
flight trajectory simulation did indicate that the
effective specific impulse of the total launch
vehicle system was within, but on the high side,
of the tolerance band.

The pneumatic system operated satisfactorily,
and no anomalies were noted. The tank pres-
sure oscillation which normally occurs at lift-
off was of very low magnitude and of no signifi-
cance to the flight. Adequate pressures were
maintained in both lox and fuel tanks and well
above the abort limits at all times.

The propeliant utilization system exhibited
very smooth characteristics throughout the
flight and was holding at the nominal position
during the period prior to sustainer engine cut-
off, indicating that the propellant mass ratio
was correct. The PU system on this flight
utilized a slightly reshaped mandrel and im-
proved calibration techniques compared to pre-
vious Mercury flights.

The sustainer and booster engine hydraulic
systems behaved in a normal manner with only
slight booster position response to auto-pilot
system demands occurring during the propel-
lant sloshing period.

The a-c power supply frequency and the main
battery voltage were within specified limits
through powered flight. The a-c voltage ran
0.4 to 0.7 volt above the nominal but within the
tolerance band. Slight vehicle lofting oc-
curred as a result of this minor shift in a-c
voltage.

The flight control system functioned satis-
factorily and properly stabilized the launch
vehicle. All guidance discrete and steering
command functions of the flight control system
were properly carried out. GI and Azusa data
indicated that the total magnitudes of the boost-
er phase roll and pitch programs were extended
slightly beyond nominal but were still well with-
in allowable limits. The major contributor to
these excesses was the higher than normal in-
verter voltage output during the launch to
BECO phase of powered flight. It should be
noted that the effect of higher than nominal
engine performance during boost phase tended
to counteract the effect of higher than nominal
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inverter voltage on the pitch program. As pre-
viously pointed out, the propellant slosh was
greater than that on most previous flights but
its effect on attitude rates was negligible. A
low-amplitude roll limit cycle was evident from
BECO to SECO. This motion had been noted
on previous Mercury-Atlas flights and was not
considered detrimental to the mission.

All instrumentation measurements functioned
properly throughout the flight, and the teleme-
try quality was such that a very thorough an-
alysis of all flight parameters was possible.
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The range safety command system was not
required until the auxiliary sustainer cut-off
signal (ASCO) was transmitted 0.04 second
after the BECO guidance discrete signal in
accordance with the computer program logic.

Performance of the ASIS was satisfactory.
Review of launch-vehicle data did not reveal the
existence of any undetected abort condition.
Switching functions to change abort logic and
parameter levels were accomplished in the plan-
ned manner from launch throughout powered
flight to SECO.




6. RELIABILITY AND FLIGHT SAFETY

By Joun C. FRENCH, Asst. Chief, Reliability and Flight Safety Office, NASA Manned Spacecraft Center; and
FREDERICK J. BAILEY, JR., Chief, Reliability and Flight Safety Office, NASA Manned Spacecraft Center

Summary

This paper summarizes the reliability and
flight safety features of the Mercury Project.
The difference between reliability and flight
safety is briefly discussed. The basic concept
that no single failure would cause an abort,
and that no single failure during an abort would
result in loss of the pilot, dictated the need for
redundancy and manual over-ride capabilities
in spacecraft critical systems.

An existing missile was modified to provide
the launch vehicle, and its reliability was aug-
mented by a program of special testing and by
careful selection of components. In addition,
an abort sensing system was developed for the
launch vehicle to provide for sensing of im-
pending catastrophic failure and activation of
the spacecraft escape system.

A conservative design approach was used for
the spacecraft, incorporating redundancy in all
critical systems where possible, in order to pro-
vide reliability. Off-the-shelf proven compo-
nents were used where possible to avoid develop-
ment problems, and standard design practices
were used for designing components where
proven components were not available.

The success of the flight-test program proved
the effectiveness of the ground test program in
disclosing essentially all “early development™
and human induced type failures.

Flight safety reviews for the launch vehicle
and the spacecraft, and a mission review for all
aspects of the mission, were conducted prior to
each mission and proved to be effective.

Introduction

The Mercury approach to reliability and
flight safety was a practical approach to the
problem of achieving manned orbital operation
with a reasonable degree of reliability and
safety at the earliest possible time. It was an
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all-out effort to apply knowledge and experi-
ence accumulated in years of aireraft and mis-

sile flight to get the best chance of mission

success and flight safety from parts and compo-
nents that already existed, or would be brought
to the flight stage in, roughly, 2 years. The
success of manned space flight required an ex-
tensive effort involving dedication of many
individuals and their unstinting use of time,
there being no sophisticated shortcuts to the
disclosure of the many problems and the solv-
ing of these problems to assure success of each
flight. Consideration of cost, manpower, or
schedule were never allowed to influence any
decisions involving mission success or flight
safety.

Throughout the program, there proved to be
a need for stringent attention to details of de-
sign, fabrication, quality control, testing and
training ; emphasis was placed on streamlining
the failure analysis and corrective action pro-
cedures, incorporating on-the-spot failure
analysis at. the launch site.

Reliability and flight safety, although closely
related, are not exactly the same thing. The
former refers to the probability that a given
mission will proceed to completion without
mishap. This probability combined with the
reliability of the escape system provides the
overall flight safety or probability of crew sur-
vival. It may be pointed out that flight safety
can be achieved by building a high reliability
vehicle with little or no provisions for escape,
as in the case of a commercial airliner, or by
attaching a highly reliable escape system to an
unreliable vehicle.

Two key design philosophies or guidelines
can be postulated :

(1) No single failure shall cause an
abort.

(2) No single failure during an abort
will result in the loss of life of the crew.
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Obviously certain items fall outside the scope
of these rules. These are such passive subsys-
tems as the ablation shield and the spacecraft
structure as well as some large active elements
having a background of high reliability such
as the launch escape rocket.

What might be termed the Mercury approach
to mission accomplishment and crew safety is
outlined in the figures accompanying this re-
port. It may be described conveniently under
three main headings, the launch vehicle, the
spacecraft and the operational procedures and
philosophy.

The success of the mission and safety of the
crew also depended on a number of other con-
siderations such as the efficiency of the world-
wide network of communications and the recov-
pry operations, both of which are discussed in
other papers.

Launch Vehicle

The launch-vehicle reliability and flight
safety features are shown in figure 6-1. The
main features indicated here are the use of an

existing missile modified for Mercury require-
ments and augmented by a special pilot safety
program and an abort sensing system. Al-
though the following discussion centers around
the Mercury-Atlas program, similar procedures
were put into effect for the Mercury-Redstone
program.
Existing Missile

The Atlas and Redstone missiles were chosen
as launch vehicles because they were already far
along in their development phases and would
thus require only minor modification to adapt
them to the Mercury requirements. This choice
had a number of important implications as to
reliability and crew safety, some favorable and
some unfavorable. On the credit side, the par-
ticular vehicles chosen were well along on their
development cycles, had considerable flight ex-
perience behind them, and had already demon-
strated their abilities to meet the performance
requirements. Another favorable feature of the
Atlas launch vehicle was the fact that all en-
gines were started, and satisfactory engine op-
eration was verified, before lift-off.

Mercury program

Launch

ki

vehicle I

Existing missile

Crew safety
Redundancy

____________________ 1
|

(i i = e

l ' Operation |

Soton || st Dagihit ]

——Flight experience
Engines ok at release
Subsystems non-redundant

Retention of proven components

Pilot safety
program
Quality assurance
Factory rollout inspection
Flight safety review
Abort sensing
system

F16URE 6-1.—Launch vehicle reliability and flight safety features.
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Since the Mercury-Atlas vehicle was used as
the launch vehicle for the orbital missions, the
following discussion will be centered around
this vehicle.

A determined effort was made to retain the
proven components on the launch vehicle since
the development of new components would have
resulted in the loss of much of the advantage of
using a developed launch vehicle.

Pilot Safety Program

The Pilot Safety Program (see fig. 6-1 and
6-2) was added in the Mercury Project to aug-
ment the reliability and safety of the basic
Atlas system. This program was developed by
the Air Force for the selection and preparation
of the Atlas launch vehicles for manned Mer-
cury flights. It was recognized that major de-
sign changes to increase the reliability poten-
tial of the basic design could not be accom-

plished within the life of the Mercury Project,
and therefore special efforts would be necessary
to make certain that the maximum reliability
of which the design was capable would actually
be achieved in Mercury operations. The pro-
gram that resulted involved three parts, a Qual-
ity Assurance Program, a Factory Rollout In-
spection Program, and a Flight Safety Review
Program at the launch site.

The Quality Assurance Program consisted of
two major areas: An educational program for
contractor and sub-contractor personnel; and
a critical parts selection program.

Training conducted by the contractor created
an awareness of the importance of the Man-in-
Space Program and the high reliability re-
quired of the Mercury-Atlas launch vehicle.
High quality through careful workmanship was
stressed.
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engineering
inspections

MSC Flight Safety
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MSC Flight Safety
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Missian review
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acceptance test
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quality assurance \l

program
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MSC Flight Safety
Review Board
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review

Mercury - Atlas
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status review team

Mercury-Atlas
Flight Safety
Review Board

Working teams

F1eURE 6—2.—Mission review activities.
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The result of the critical parts selection pro-
gram was the rejection of components and sub-
systems with excessive operating times, on non-
standard performance. or questionable inspec-
tion records. Choice of Mercury-Atlas launch-
vehicle engines was limited to those standard
Atlas engines whose performance parameters
most closely met the exact specification require-
ments. Spare parts were also selected with the
same care given to flight hardware. All selected
units were specifically identified as accepted
Mercury hardware and stored in a specially
designated and controlled area.

The Factory Roll-Out Inspection assured
that the Mercury-Atlas launch vehicle was com-
plete, functionally acceptable, and ready for
delivery. The technical roll-out inspection
team consisted of specialists in the technical
areas of each flicht system. General launch
vehicle progress was analyzed on a continuing
basis, with special emphasis on hardware status
and replacements.

A pre-roll-out inspection meeting determined
vehicle status and potential problem areas. A
tentative roll-out inspection schedule was es-

-tablished at this time, and composite test go-
ahead was granted for final contractual Air
Force factory acceptance of the Mercury-Atlas
launch vehicle. After satisfactory completion
of the composite test, a pre-acceptance meeting
was held by the Air Force with associate con-
tractors prior to the formal acceptance meeting
to determine systems-performance status and
acceptability of the launch vehicle to the Air
Force.

After the final Rollout and Acceptance In-
spection at the contractor’s plant, a post-accept-
ance critique was held and a final report pre-
pared to cover assembly and test history and all
discrepancies uncovered and corrected up to
time of delivery to the Atlantic Missile Range.

The contractor was also required to submit a
detailed report covering critical item qualifica-
tion status. A functionally complete launch
vehicle was required prior to delivery.

The Mercury-Atlas Flight Safety Review de-
termined the status of the launch vehicle flight
readiness. Technical flight readiness was estab-
lished by personnel from the Space Systems
Division (SSD) of the Air Force and their
assoclate contractors who met prior to planned
launch for complete vehicle history review since
arrival at AMR. The team determined that all
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possible efforts to insure a successful mission
had been made and that the vehicle was in a
state of technical readiness. Complete review
of all facts yielded a “go” or “no-go” recom-
mendation to the Mercury-Atlas Flight Safety
Review Board, which was chaired by the Com-
mander, SSD, for the manned orbital flights.
This Review Board meeting was attended by
NASA observers, including the NASA Opera-
tions Director and one of the astronauts. The
findings of this board were subsequently con-
veyed officially to the NASA "Operations Direc-
tor in the Mission Review.

The total scope of the Pilot Safety Program
resulted in expenditure of about twice the
standard Atlas fabrication time, and more than
three times the normal checkout time and at-
tention.

Abort Sensing and Implementation System (ASIS)

The abort sensing and implementation system
(ASIS) was conceived and developed to en-
hance crew safety. The functions of this ASIS
were to sense impending catastrophic launch-ve-
hicle failure, automatically generate an abort
command, and activate the spacecraft escape
system in sufficient time to assure astronaut
safety. An abort signal would be generated if
pre-selected tolerances of certain critical

- launch-vehicle performance parameters were

exceeded. The ASIS was supplemented by
manned ground and spacecraft abort capa-
bilities.

Atlas flight test data were analyzed to deter-
mine which specific performance parameters
should be monitored and to determine the abort
threshold levels, to assure that sufficient time for
escape would be provided and that false abort
commands would not be generated.

Evaluation of ASIS reliability under ex-
treme environmental conditions was carried out
by an extensive ground-test and flight-test pro-
gram.

ASIS reliability was provided by electronic
equipment redundancies designed to preclude
the possibility of system failures or inadvertent
aborts. There were deficiencies in the ASIS
discovered during the development flights, but
corrections were made prior to use on the Mer-
cury-Atlas flights. Early unmanned Mercury
flights proved out the entire system ; successful
abort was initiated on the MA-3 flight, saving



the spacecraft which was flown again on MA—4.
There were no manned Mercury flights which
required an abort action by the ASIS, nor were
there any false ASIS abort signals.

ASIS was supplemented by the following
manned abort capabilities:

(1) Ofi-the-pad aborts could be initiated by
the test conductor, through direct electrical
cireuitry, until the vehicle had lifted 2 inches
from the pad.

(2) From the point of 2-inch vertical ascent
through the end of powered flight, an abort
could be initiated through the Mercury Control
Center (MCC) radio-frequency link.
~ (8) The mission could be terminated at any
time throughout the entire powered flight by
the astronaut.

(4) Indirect abort capability was provided
the Range Safety Officer. The automatic air-
borne abort system could be activated by sup-

plying a manual engine cut-off command. A 3-
second airborne time delay was integrated with
the airborne range safety command receiver to
insure a safe separation of the spacecraft in the
event that a command destruct signal became
necessary.

Spacecraft

The size, complexity, and cost of the space-
craft and related operational activities includ-
ing recovery precluded a program of using gen-
eral flight testing to uncover design and systems
weaknesses. It was necessary to produce the
first and following spacecrafts with sufficient
reliability to assure that each flight would com-
plete its mission. The following discussion
covers the reliability and flight safety features
of the effort expended in Mercury to accomplish
this result. The features are shown on figure
6-3 and may be described under the four head-

Mercury
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ings of design, reliability, fabrication. and test-
ing and checkout.
Design

The spacecraft was designed specifically for
manned orbital flight with virtually no back-
ground of applicable experience to serve as a
guide. A very conservative design approach
was adopted to provide redundancy in all erit-
jcal subsystems where possible. The original
desion was required to provide for normal
manned operation, unmanned operation, and
operation with an incapacitated man aboard.
Much of the redundancy, particularly in the
smaller items such as explosive bolts, igniters,
ete., was functional in both the unmanned and
manned vehicles, but for manned flights the
major subsystems such as the attitude control
system and landing system relied on pilot opera-
tion of the backup mode: hence, the presence
of the pilot substantially increased the reliabil-
ity of the spacecraft in the manned missions.

There was an average of ten spacecraft com-
ponent malfunctions or failures per manned
spacecraft mission despite the level of effort to
disclose and correct all anomalies prior to flight.

However, in no case did these failures, some of
which were critical, result in mission failure.
The adopted design approach utilizing equip-
ment redundancy and pilot back-up modes
proved its effectiveness.

Insofar as reliablity and safety were con-
cerned, components selected or fabricated for
use in the subsystem were representative of the
state-of-the-art at the time of the design freeze.
Standard design practices were utilized for de-
signing components for specific applications
where proven components were not available.

The philosophy of designing redundancy into
Project Mercury is best described by the fol-
Jowing examples:

One-time-only operating devices—A number
of subsystems are required to operate only once
during a mission, and thus the frequency of
failure of these subsystems is independent of
mission duration.

In order to be sure that the escape tower could
be released from the spacecraft, and that the
spacecraft could be released from the launch
vehicle, the clamp rings were divided into three
segments and held together by three double-
ended explosive bolts. Figure 64 shows the
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FIGURE 6—4.—Automatic and manual initiation of tower-jettisoning-bolt, pyrotechnies.
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escape-tower clamp ring bolt-firing functional
arrangement. Firing any end of any bolt
could effect the release. The automatic system
could fire one end of each bolt from one electric
circuit and the opposite end of two bolts from
a completely independent circuit; an astronaut
manually operated backup could fire the op-
posite end of the third bolt through a percus-
sion device, and in addition, could send electrical
signals through the two automatic electric cir-
cuits.

For retroimpulse there were three solid fuel
rockets with dual igniters fired by dual circuits.
They could be initiated automatically, or by
either astronaut or ground command. Only
two of the three retrorockets were required to
effect a satisfactory reentry.

The primary parachute system was fully au-
tomatic. It incorporated dual barostats, dual
power sources, and manual backup of each main
function in the sequence. The entire automatic
system was backed up by an independent man-
ually operated reserve parachute system.

Operating-time dependent systems—A num-
ber of critical systems of the spacecraft had to
operate more or less continuously throughout
the flight. The frequency of failure of compo-
nents in these systems would be, in general, pro-
portional to the length of time they were ope-
rated and hence to the length of the mission.

The environmental system incorporated the
basic redundancy of a full pressure suit in a
controlled cabin environment. Manual con-
trols were provided to back up the automatic
control functions. An emergency O, supply
was available to the suit as a further backup
in the event of simultaneous malfunctions in
both suit and cabin controls.

The attitude control system, which was par-
ticularly critical for retrofire, consisted of a pri-
mary automatic system backed up by dual in-
dependent manual subsystems, one of which
was completely independent of the automatic
system.

Failure mode and effect analysis—A failure
mode and effect analysis was performed for
each subsystem to investigate the failure mode
of components comprising the system and de-
termine the significance to mission success and
the corrective action to be taken. This analysis
also included an evaluation to determine the
action that should be taken in case the systems-

performance indications displayed to the pilot
and transmitted to the ground stations were in
disagreement. An important consideration was
the probability that the sensors and indicators
may malfunction and thus incorrectly dictate
the need of an abort.

A concentrated effort was made to identify
single point failures; first, those which would
m themselves be catastrophic or prevent sub-
sequent operation; and second, those which
would cause a premature operation.

An example of a subsystem revision resulting
from this effort was the change in arrangement
of the dual barostats that functioned to close
the circuit to the parachute deployment se-
quence. Originally, the dual barostats were in
parallel; a failure to the closed position of
either would initiate the deployment sequence.
The revision placed the barostats in series,
thereby requiring both to fail closed in order
to initiate premature deployment.

Reliability

An effort was initiated in the Mercury Proj-
ect to make a quantitative reliability assess-
ment and obtain an overall estimate of mission
success and flight safety based on test time and
failures that took place during the ground test
program. The estimate of the reliability of the
Mercury spacecraft utilized mathematical
models of the subsystems together with failure
rate data derived from actual test experience
on the system parts and components.

In general, the results were not satisfactory
because the applicability of the failure rate
data was always highly debatable. It was a
basic ground rule of the approach to manned
space flight that a failure during development
and preflight tests always resulted in a correc-
tive action designed to eliminate all possibility
of repetition of that particular type of failure.
Hence, past failure data never applied directly
to the then-current articles.

However, methods were evolved for setting
up an analytical model to describe the opera-
tion of a complex system, and the computer
programing on the IBM 7090 that eliminated
lengthy and complex manual quantitative analy-
sis.. Those methods appear to have direct
applications for assessing mission success and
crew safety during the design stages of future
space programs.
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Mathematical models were used to some de-
gree in the design stages of the Mercury Proj-
ect. Catalogued values of failure rates that
had been established by the manufacturers or
various testing agencies as being representa-
tive of the random or statistical type of failure
that predominates in fully developed parts
comprised the inputs to these models. Reliabil-
ity values obtained in this way tended to reflect
the ultimate goal: that is, the minimum failure
rate that may eventually be obtained with the
design.

The first Mercury space flights with new sys-
tems could not be delayed pending statistically
rigorous reliability tests to assure demonstration
of reliability goals. The problem was there-
fore to decide, by a combination of engineering
judgment, common sense, experience, and in-
tuition, just when the last serious “early de-
velopment™ types and human-induced types of
failure had been eliminated. The early devel-
opment type of failure arose from design errors,
interaction effects between parts and compo-
nents, unanticipated environmental -effects,
or errors in estimating environments. The
human-induced type were those associated with
faulty fabrication, quality control, failure diag-
nosis, handling, installation, and carelessness.

As a result of the experience in the Mercury
Project the role of numerical reliability as-
sessment in manned space programs may be
summarized as follows:

(1) It is desirable to specify an overall nu-
merical reliability goal to insure that adequate
attention is directed to reliability in the design
stage. This goal should be apportioned or
budgeted through a mathematical model down
to the various subsystems and their components.
The subsystem designer should be required to
show that his subsystem is capable of absorbing
the expected number of random or statistical
type failures of parts without serious conse-
quences or without exceeding his reliability
budget.

(2) The logic flow diagrams which show
functionally the systems sequence of action were
especially useful since they represented primary
and critical abort paths, erew inputs, and prin-
cipal events. They reflected the basic ground
rules relative to choice of alternate modes of
operation and aborts. From these diagrams
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the effect of a component failure could readily
be determined.

(3) Beyond this point the usefulness of for-
mal quantitative reliability assessment proce-
dures is debatable: the most effective approach
from here on is to concentrate on establishing
a testing program and quality assurance pro-
gram that will assure detection and correction
on all the unproven design and induced sources
of system failure before flight.

Fabrication

Fabrication of the spacecraft was generally
in accordance with the accepted aireraft pro-
duction practices for small lots on the order of
twenty articles. Air-conditioned clean room
procedures were introduced in an effort to elimi-
nate the introduction of contaminants or debris
into components.

The results of operational experiences were
fed back into the fabrication process by hold-
ing frequent Development Design Engineer-
ing Inspections (DEI). The purpose of the
DEI was to assure that the Mercury spacecraft
as engineered and manufactured was safe for
manned flight. Emphasis was placed on at-
taining reliability and flight safety with exist-
ing Mercury hardware. To accomplish this
objective, the DEI team was responsible for
conducting suitable inspections for deficiences
and initiating necessary corrective action. The
DEI board was authorized to make final de-
cisions on the acceptability of the spacecraft.

Preparatory to the DEI, the inspection team
reviewed in detail engineering design, fabrica-
tion, and assembly, as well as component, sys-
tem, and composite testing.

Testing and Checkout

Ground. testing—In addition to the stand-
ard type of qualification and acceptance tests,
the following types of tests were conducted.

Demonstration tests: Demonstration tests
were made to determine reliability, wherein
several samples of each major subsystem were
tested under simulated operational environ-
ments and duty cycles for a total operating
time considerably longer than that of a single
mission. The scope of these tests is shown in
figure 6-5.



Major subsystems

I Environmental control system

28 Automatic stabilization and control system
3, Reaction control system - automatic

4. Reaction control system - manual

5 Horizon scanner

6. Landing and recovery

e Rockets
8. Sequential system

9. Communications (tranceivers, audio center,
transponders, beacons, etc.)

10. Satellite clock

(11 Bolt, expl. clamp release
12. Bolt, retrorocket release
13. Battery (3000w, 1500w)
14. Ejector, antenna firing

15 Explosive egress hatch

16. Inverter, static

Typical test time or firings

1500 hrs

2000 hrs

290 hrs

112 hrs

720 hrs

38 firings

27-37 firings (ea. type)

400 cycles

1000 hrs (ea.type)

3000 hrs

108-155 firings (ea. type)

106 firings

20 discharge cycles (ea.type)
145 firings

67 firings

4000 hrs. (ea.type)

FI1cURE 6-5.—Spacecraft subsystems reliability tests.

The results of these tests were questionable
since the equipment being tested did not al-
ways represent production-quality hardware.
In addition, actual flight hardware was subject
to conditions not contemplated in the reliability
testing such as handling and shipping environ-
ments, installations in high density and crowded
areas within the spacecraft adjacent to unre-
lated heat generating equipment, and contam-
ination external to the subsystem as well as
within the subsystem.

Safety margin tests: Safety margin tests were
made wherein a number of component units
were tested under progressively severe environ-
ments to determine the safety margin provided.

It was necessary for such tests as Project
Orbit and subsystems tests at contractor’s
plant, followed by the intensive subsystems
checkout at the Cape, to uncover weaknesses.
These tests are discussed in the following
paragraphs.

Ground test program: A continuous ground
test program, using a complete spacecraft and
identified as Project Orbit, was instituted at
the contractor’s plant about midway through
Project Mercury. It became apparent early in

the Mercury Project that malfunctions occur-
ring at Cape Canaveral and in the flight made
it imperative that design and fabrication weak-
ness be disclosed as early as possible. A com-
prehensive test program was started in which,
to the greatest degree possible, the mission was
simulated in real time and included orbital
heating and near-vacuum effects. Obviously
zevo g effects, launch time and vibration, ex-
plosive devices, launch escape rocket, tower and
spacecraft separation, exposure of the ablation
shield to reentry temperatures, parachute de-
ployment, and landing could not be duplicated.
However, cabin environment and operation of
time dependent subsystems under normal and
emergency cabin environment were closely
simulated. The continuous aspect of this pro-
gram conducted n an altitude chamber with all
systems operating as they would in a mission
not only disclosed the weaknesses but validated
equipment revised as a result of the malfunc-
tions. Consequently, the test demonstrated the
performance of up-to-date configurations.

The tests were very effective in disclosing de-
sign weaknesses associated with interface prob-
lems, time dependent failures, and thermal bal-
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ances involving heat sinks and heat remm'ral.
A typical example of the usefulness of Project
Orbit is discussed.

A revision in the gyro design resulted when,

during the operation of the autopilot under
an emergency mode (decompressed cabin), a
failure in the gyros caused by decreased heat
dissipation under vacuum conditions was dis-
closed. The lubricant vaporized, and there was
a breakdown in insulation windings. The prob-
lem was resolved by changing the lubricant to
one having a lower vapor pressure, and by us-
ing an insulation that maintained its dielectric
characteristic when subjected to high tempera-
tures.

Spacecraft subsystems tests: Spacecraft sub-
systems tests at the contractor’s plant were fol-
lowed by extensive tests at Cape Canaveral.
Altitude sensitive systems were tested in an
altitude chamber at the Cape since such tests
were not made at the contractor’s plant for each
spacecraft.

Flight testing—Contributing much to the
success of Project Mercury was the flight test
program. Each flight of this test program was
designed to qualify equipment and procedures
for succeeding flights as well as ultimately for
the manned orbital flights. Any malfunctions
that occurred in a flight were analyzed, and cor-
rected prior to the next flight. These early
flights included (1) Beach Abort for qualify-
ing the launch escape and landing system; (2)
the Little Joe flichts; (3) the Mercury—Atlas
unmanned ballistic flights for qualifying the
structure and ablation shield under severe re-
entry conditions, (4) the ballistic Mercury—Red-
stone unmanned, primate, and manned flights,
and (5) the Mercury—Atlas unmanned and pri-
mate orbital flights.

The manned orbital flights progressed in a
logical manner from a 3-orbit mission to a 22-
orbit mission.

Technical competence—A very important
feature of the Mercury approach to flight safety
was the assignment of personnel with a high
level of technical competence to the perform-
ance and monitoring of all preflight tests and
preparations at the launch site. Senior engi-
neering personnel, in many cases key members
of the original design team, moved to the launch
site and developed the launch preparation pro-
cedures. This high level of competence also
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-extended into the quality control and inspection

areas at the launch site.

Quality screening.—The Mercury Project
has featured extremely tight quality screening
for deficiencies during all preflight checkout
operations. This was accomplished by provid-
ing a system for effectively reporting unsatis-
factory conditions to the contractor and to
NASA management, to obtain conclusive correc-
tive action, and to eliminate irregularities and
deficiencies which adversely affect the space-
craft program. These anomalies were recorded
on forms noted as Unsatisfactory Reports
(UR’s).

Failure analysis and corrective action—The
effectiveness of the contractor’s failure analysis
and corrective action program was evolutionary
and improved considerably-as the project went
through its transition period from unmanned
to manned flight. Later in the program, it be-
came apparent that a streamline procedure was
necessary for failure diagnosis and corrective
action to assure effectivity in subsequent space-
craft. In many cases joint contractor-MSC
teams analyzed a failure on-the-spot, or hand-
carried the failed part to the supplier where a
laboratory analysis of the failure was made.

In addition to individual failure reports on
all failures, the contractor maintained an up-to-
date status of all failures, submitting an IBM
tabulation summary to MSC monthly. This
tabulation included all unresolved failures, and
was used to point out critical and recurrent
problems.

Operations
Simulated Flights

There were several features and practices in
the Mercury operation that are worth mention-
ing in connection with reliability and safety. A
great deal of attention was given to rehearsals
and simulations of complete missions prior to
each flight. These simulations were made ex-
tremely realistic. They not only served to
verify the feasibility of planned procedures and
provide crew practice for the expected flight
plan, but also included a wide range of emer-
gencies deliberately introduced to show up areas
where improved planning might be needed to
eliminate all possibility of confusion or inde-
cision.



Interface Control

With different groups responsible for the
launch vehicle and the spacecraft, there was
need for very special planning and procedures
to insure proper handling of interface prob-
lems. It was found necessary in the field to
establish a joint inspection team charged with
the responsibility for witnessing all mating and
other interface activities, measuring and veri-
fying the adequacy of all physical clearances,
inspecting all structural joints and electrical
connections, and assuring that no debris was
left in critical areas. Adequate access ports for
field inspection were found to be an absolute
requirement.

Special procedures were established for main-
taining and periodically distributing one and
only one official interface wiring diagram, re-
flecting the exact current status of the wiring on
the vehicle at specified dates.

Flight Safety Reviews

The final item on figure 6-6, Flight Safety
Reviews, deals with the problem of determining
that the launch vehicle and spacecraft were in
fact ready for launch. These activities are

covered in figures 6-2 and 6-7. In Mercury,
the philosophy was adopted that a launch would
not take place with any unresolved difficulty.
To insure this, preflight launch vehicle readiness
and spacecraft readiness review meetings were
set up. Inthese meetings, representatives from
engineering, operations, flight safety, astro-
nauts, and Cape inspection reviewed in detail
with the specialists responsible for the checkout
of each system, all malfunctions observed in
the system, and all changes and corrections
made. Two sets of contractor failure records
were maintained : first, a segregation of failures
from all testing into specific subsystems; second,
a file of all failures associated with subsystems
of a specific spacecraft. From these records, it
was possible to determine any general weak-
nesses and to review the case histories of critical
areas in any specific spacecraft. These data, to-
gether with the unsatisfactory reports (UR’s)
and record of anomalies occurring in the sub-
systems checkout recorded by MSC personnel at
the Cape provided a major input in these
meetings.

These detailed meetings on the major pieces
of equipment were followed by a Final Mission
Review meeting. This meeting provided a final

Mercury program

| Launch vehicle | |

Spacecraft |

|

Operation

" ]

Simulated
flights

Interface

Flight safety
reviews

Mission

control :
Physical clearances
Electrical circuits

Verification of planned procedures

Practice emergencies

Spacecraft and launch vehicle

FIGURE 6-6.—Operational reliability and flight safety features.
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confirmation of launch-vehicle and spacecraft
readiness and established the readiness of the
range, recovery, weather, and aeromedical

elements.
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These operating procedures were very effec-
tive in concentrating the attention of the best
qualified technical talent available on the de-
tailed engineering problems of each vehicle.

MSC Flight Safety
Review Board

Engineering

5 Astronauts

Spacecraft
review meeting

M-ission objectives

Qverall
preparations
and structure

Review of previous

flight

Rockets

and igniters

and sequential

Communications

power

Mechanical

Landing

Automatic
stabilization
and control

Reaction control

Instrumentation

Usage
of life limited

Environmental

Contractor
inspection

components

Documentation

inspection |—

Complex tesfing

Ficure 6-7.—Spacecraft review activities.







7. TRAJECTORY ANALYSIS

By JounN P. MAYER, Asst. Chief for Mission Planning, Flight Operations Division, NASA Manned Spacecraft
Center; and CARL R. Huss, Flight Operations Division, NASA Manned Spacecraft Center

Summary

A deseription of the mission analysis studies
conducted for Project Mercury is given along
with specific examples for the various mission
analysis phases.

Aborted mission studies constituted about 90
percent of all mission-analysis studies con-
ducted. These studies were necessary from a
flight-safety standpoint and are considered
equally applicable to future manned spacecraft
projects. It was found that the basic mission
design must be chosen in a flexible manner so
that consideration can be given to the changes
in mission constraints. Real-time computing
has proved extremely valuable in Project
Mercury ; however, consideration must be given
to changes in mission operational plans which
cannot be effectively included in the Real Time
Computer Complex.

Introduction

The mission-analysis effort in Project Mer-
cury was conducted in several phases leading up
to the flight missions. These phases include the
mission analysis supporting the systems design
of the spacecraft, the basic operational design of
the Mercury missions based on mission require-
ments and objectives, detailed operational mis-
sion analysis for each specific flight, and the
formulation of the mission logic to be included
in the computer used for inflight real-time con-
trol of the missions.

Mission Phases

In figure 7-1 are shown the important phases
of mission-analysis studies. In the early mis-
sion-analysis phase, the: analysis was specifi-
cally for use in spacecraft system design. For
example, the maximum loads and heating con-
ditions were determined for structural design,

and the spacecraft propulsion performance re-
quirements were determined leading to the de-
sign of the retrorocket system. After the space-
craft systems were essentially designed, the mis-
sion-analysis effort shifted to the operational
phase. In this phase the system design was
reasonably fixed and the detailed mission design
was then accomplished by taking into account
all of the constraints, including spacecraft,
launch-vehicle, and operational constraints.
The objective in this phase is to design a mission
within the capabilities of the actual spacecraft
system developed. In this phase of the mission
some feedback into system design was made,
although these were small changes since the
early design proved to be sound.

The next mission analysis phase was in the
design of specific missions. In this case the
mission analysis was specialized to handle the
aspects of a particular mission by using the
actual performance characteristics of the
launch vehicle and spacecraft being used. This
phase also included the analysis for the partic-
ular operational mission objectives and ground
rules developed for these missions.

The next phase was the real-time mission-
analysis phase, which started at the beginning
of the launch countdown and lasted until the

Launch
vehicle
constraints

Spacecraft
constraints

Design | Overall fe—I Operational Specific Reglw_tirne
mission |- system[—= mission Ll mission | mission
analysis

analysis design analysis analysis
Ground Operational
operational constraints
constraints
Postflight
mission
analysis

FIcURE T-1.—Mission analysis sequence diagram.
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vehicle was recovered after the mission. In
this, calculations were accomplished in real time
by a computer ; however, the logic and equations
used in this computer were developed in the
preceding operational mission-analysis phase.
Although every effort was made to anticipate
all the possibilities that could affect the flight
and include them in the real-time computer
program, these possibilities were never fully
established. Therefore, mission-analysis ex-
perts were used as flight controllers and also
performed auxiliary computing using off-line
computers other than those used in the real-
time computing complex during the missions.

The next mission-analysis phase was a post-
flight analysis phase in which the information
obtained from actual flights was fed back into
the plans for future flights and, in some cases
resulted in system modifications to the space-
craft, the launch vehicle, and the ground sup-
port system.

Some specific examples of mission constraints
affecting the analysis are shown in figure 7-2.
Some of the spacecraft constraints that must be
considered are the performance of the space-
craft propulsion system, the spacecraft control
system accuracies, and other system limitations.
Some of the ground complex constraints to be
considered are performance (which includes the
effects of the locations of command stations and
command ranges) and system limitations. Con-
straints involving the launch vehicle which had
to be considered were performance, guidance
accuracies, and systems limitations. In Project

Operational Factors

. Launch operations

. Abort considerations

. Environmental surroundings
. Londing and recovery

. Human factors

{31 SRY VI

Mission Analysis

Spacecraft Ground Complex Launch Vehicle
|. Perfermance |. Performance I. Performance
2. Guidance and 2. System 2. Guidance and

control limitations control
3. System 3. System

limitations limitations

F1gURE 7-2.—Operational mission analysis.
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Mercury the systems limitations of the launch
vehicle included heating and load restraints and
the guidance radar look angle constraint.

The operational constraints to be considered
in the area of launch operations are range safety
limits, abort considerations, environmental con-
siderations, landing and recovery comsidera-
tions, and human factors. Some of the envi-
ronmental factors that were considered were the
effect of atmospheric and geophysic constraints
and winds. Consideration had to be given to
recovery and landing constraints for both
normal and aborted missions and, in all cases,
the human tolerances to acceleration loads and
motions were considered.

Abort considerations resulted in about 90 per-
cent of the mission-analysis studies. Studies
were made to provide flight controllers with the
information as to when to initiate aborts for
maximum pilot safety. Studies were also made
to determine allowable tolerances in order to
obtain safe miss distances between the launch
vehicle and the spacecraft and acceptable later-
al loads. Also of importance were the studies
to determine the abort recovery areas for all
phases of the flight.

In order to illustrate some of the techniques
used and the results accomplished in the mis-
sion-analysis area, a few specific examples from
each phase will be discussed.

Design Mission Analysis

One example of the work performed in the
advanced mission analysis phase is illustrated
by a study of the immediate post-abort condi-
tions. The selection of the escape-rocket offset
involved a compromise between high lateral
loads and low miss distances between the space
craft and the launch vehicle in the high-dy-
namic-pressure abort phase of launch. For low
offset values the probability of exceeding high
lateral loads was low ; however, the probability
of obtaining low miss distances was high. For
high values of the offset the opposite is true.
Thus, the selection of the offset was made on
the basis of minimum combined probability of
oceurrence of either events. In figure 7-3 the
combined probability of exceeding either a dan-
gerous lateral load or an unacceptable miss dis-
tance is shown plotted against the escape-rocket
offset.
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F1cURE T-3.—Selection of escape-rocket thrust offset.

Operational Mission Analysis

A typical example of the operational mission
analysis was in the selection of the Mercury
orbital elements. The orbital inclination which
governed the ground track for Project Mercury
was selected because the network facilities es-
tablished prior to Mercury could be used to good
advantage, reentries for the first three orbital
passes and the 16th to the 18th passes occurred
over the United States, and the orbital ground
track fell within the temperate region of the
world. In addition, the specific Mercury in-
clination was affected by launch-abort recovery
considerations.

The orbital altitude and shape of the Mercury
orbit were selected based on launch-vehicle per-
formance, accuracy, and abort operational con-
siderations. These considerations are illus-
trated in figures 74 to 7-7. In figure 7—4 the
orbital lifetime is shown plotted against apogee
altitude for given perigee altitudes. For Proj-
ect Mercury it was desired to have minimum
lifetime of 86 hours for a 24-hour mission.
Since the atmospheric densities at orbital alti-
tudes were not well-defined at the time Project
Mercury was initiated, it was believed that a
conservative value for density must be used for
estimating lifetime. The density used in this
figure is considered to be a 3¢, or very conserva-
tive, dense atmosphere. From figure 7-4 it can
be noted that for an adequate lifetime a circular
orbit at an altitude of 105 nautical miles could
have been selected, or an elliptical orbit having
the same lifetime could have been selected, for
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example, an orbit having an 80-mile perigee and
a 170-mile apogee.

7 Perigee altitude, nauticol miles
115
6 110
Circular orbits--__
REET 105
5 -
'd
>
S qk 100
Iy
E 95
23
=
S0
s
85
|~ 80
| 1 | | | I J

QO 1
80 90 100 110 120 130 140 |50 160 I70
Apogee altitude, nautical miles

F1curE 7T—4.—Minimum lifetimes for elliptical orbits.

The next constraint to be considered is that
of launch-vehicle performance. In figure 7-5
the staging time is shown plotted against the
insertion or perigee altitude. The curves shown
are given for a constant orbital lifetime; that
is, the apogee altitude decreases as the insertion
altitude increases. For a constant insertion al-
titude the performance, or excess velocity avail-
able above that required (A Vi), increases
with staging time until it reaches a peak value.
For greater staging times the performance de-
creases. The minimum acceptable performance
curves are shown in figure 7-5. The increment
of velocity AV that defines the acceptable
performance is the difference between the
velocity at fuel depletion and the planned
velocity. Therefore, all of the clear area in the
figure would represent acceptable orbital in-
sertion altitudes.

The launch-vehicle guidance accuracies are
considered in figure 7-6. Since the Atlas launch
vehicle used for the Mercury program was
cuided by a radio guidance system, the guid-
ance accuracy was dependent to some extent on
the radar elevation angle at cut-off. In figure
7-6 the minimum elevation angle Eniz which
was considered acceptable is shown. Again the
clear area in the figure is indicative of accept-
able orbital insertion conditions. Next, how-
ever, the operational considerations must be in-
cluded. These are shown in figure 7-7. In this
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case the operational consideration which affect-
ed the orbital conditions was the requirement
to avoid a landing in Africa for an abort from
the minimum acceptable velocity. In this fig-
ure the position of the line shown is such that
the spacecraft would not land in Africa if an
abort were made at the no-go velocity, with al-
lowance for the dispersions on the abort landing
area. From figure 7-7 it may be noted that the
operational consideration significantly affects
the orbital insertion altitudes which could be
used for Project Mercury.
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FieUure 7T-5.—Effect of launch-vehicle performance.
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F16URE 7-6.—Effect of launch-vehicle guidance.

As operational experience was gained in
Project Mercury flights, confidence and knowl-
edge in the systems made it possible to reduce
to some extent, the original guidance and per-
formance constraints. For example, the mini-
mum elevation angle was reduced after obtain-
ing a better understanding of the effects on
guidance accuracy from operational experience
with the guidance system.

122

Insertion altitude, nautical miles

Ficure 7-7.—Effect of operational constraints.

Specific Mission Analysis

A considerable mission-analysis effort is
made in the design of each specific Mercury
flight. Included in this effort are detailed tra-
jectory calculations for the mission, dispersion
calculations, calculations concerning aborts
during all phases of the mission, and calcula-
tions of retrograde time to be used in the mis-
sion. When the flight day arrived, special
mission-analysis studies were performed to sup-
port the flight. These studies included evaluat-
ing the wind effects on the loads on the launch
vehicle and determining the landing areas of the
spacecraft in aborted missions based on actual
wind profiles. In figure 7-8 the effects of the
actual winds on the abort landing areas at var-
lous times of the flight are shown for the MA-9

Coastline

Atlantic Ocean

Lanmveti camaies 22 Time of abort, sec

Actual wind (MA-9 at 6:05 a.m. est)

& Time of abort, sec

Ficure 7-8.—Effects of actual winds on MA-9 abort
landing.



mission. These calculations were made to en-
able the recovery forces to be positioned prior
to the launch such that they could most easily
make an emergency recovery should abort occur.

Real-Time Mission Analysis
General Computing Requirements

Real-time computing has proved very valu-
able in Project Mercury for use in flight control
and monitoring. The basic computing require-
ments in real time are as follows:

(1) Powered flight—Pertinent trajectory
parameters were computed in order that the
status of the launch could be monitored for any
indication of an impending abort. The cut-off
velocity was used to determine the acceptability
of the orbital parameters based on preplanned
eriteria. In addition, landing points for pos-
sible aborts and radar-acquisition data were
computed.

(2) Aborted missions—For aborted missions
the computer must be programed to select a tar-
get recovery area and if necessary compute the
time for retrofire to land within this area.

(8) Orbit.—In this phase the orbital param-
eters were predicted with sufficient accuracy
to establish the minimum lifetime of the orbit,
to predict the retrofire time to land in normal
and contingency recovery areas, to determine
spacecraft orbital position, to determine acqui-
sition data for all radar sites, and to predict the
time of landing for use by recovery forces.

(4) Reentry—During reentry the computer
program recalculates and updates the landing
point and time of landing, based on conditions
at retrofire, in addition to predicting acquisi-
tion data for reentry radar stations.

Example of Go—No—Go Computation

The computation of the go—no-go parameters
was probably the most important of the real-
time computations. The selection of the Mer-
cury go—no-go criteria which were used in the
real-time computing program is shown in fig-
ures 7-9 to 7-11. In figure 7-9 the minimum
energy for an acceptable Mercury mission is
illustrated. The flight-path angle at insertion
1s plotted against the insertion velocity. The
minimum acceptable orbit was defined as that
orbit in which the spacecraft could safely com-
plete one orbital pass and land. Because of the
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critical flight safety nature of the problem, the
minimum orbit was selected on the basis of a
very conservative drag coefficient Cp and at-
mospheric density p. The symbol, (Cop) ns
shown in figure 7-12 has been normalized and

123



represents the ratio of the parametric drag co-
efficient-density product to a nominal value of
this product. Therefore, values of (Cpp)a
which are greater than unity are considered to
be conservative. The 99-percent probability
curve shown in figure 7-9 was the one selected
for the go—no-go criteria. Therefore from a
lifetime consideration the conditions would be
“00” at velocities higher than this boundary;
however, other constraints imposed a limit
at higher velocities.
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FicUure T-12.—Effects of actual atmosphere on MA-9
orbital lifetime.

In figure 7-10 the determination of the maxi-
mum energy orbit is illustrated. As the velocity
is increased above orbital velocity the apogee
increases approximately 1 mile for every 2 feet
per second. When the velocity reaches a certain
critical value, an area occurs near perigee such
that, if the retrorockets were ignited, excessive
heating would occur during reentry. As the
velocity increases above this value this critical
area near perigee extends over most of the orbit
and another critical area for initiation of reen-
try appears near apogee. At this point if re-
entry were initiated, the reentry loads would
become excessive. As the velocity is further in-
creased, a velocity is reached in which these
critical areas cover the entire orbital range and
a safe reentry would not be possible from any
point in the orbit. The operational go—no-go
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criteria that resulted from these constraints are
shown in figure 7-11 where the flight-path angle
at cut-off is plotted against the insertion ve-
locity. The region for a minimum acceptable
orbit lies within the boundaries shown. For all
Project Mercury missions the cut-off velocities
were well within the safe boundaries. For the
MA-9 mission, for example, the cut-off occurred
within the boundary of the symbol shown in
this figure.

As was previously stated, some auxiliary
computing was performed during each mission
outside of the real-time computers. An ex-
ample of this auxiliary computing is shown in
figure 7-12 where the effects of the actual at-
mosphere on the orbital lifetime of the MA-9
mission are shown. In figure 7-12 apogee alti-
tude is plotted against time. Because of the
length of the MA—9 mission and the uncertain-
ty of the density of the actual atmosphere on the
day of this flight, it was thought necessary to
attempt to determine the variation of the ac-
tual atmosphere from that used in preflight
computations. This calculation was necessary
in order to commit the mission to completing
22 passes at a predetermined time during the
flight. - The lines shown in the figure are for
precalculated atmospheric densities which var-
led from that of the assumed atmosphere. The
symbols in this figure indicate the actual apogee
obtained during the flight and also that the ac-
tual atmosphere was very close to that used in
the preflight computations. The actual orbital
lifetime for the MA-9 mission would have
been about 4.7 days if a reentry were not initi-
ated using the retrorockets.

Concluding Remarks

The operational experience obtained in mis-
sion-analysis studies for Project Mercury has
proved valuable for application to other
manned space-flicht programs. Aborted mis-
sion studies constituted about 90 percent of all
the mission-analysis studies conducted for Mer-
cury. Although the results of these studies were
not required operationally, the amount of effort
spent on abort studies is necessary from a flight-
safety standpoint and will be equally applicable



to future manned space projects. It is also
evident that the basic mission design must be
chosen in a flexible and manner so that consid-
eration can be given to changes in the spacecraft
launch vehicle or operational constraints. Real-
time computing has proved extremely valuable

in Project Mercury ; however, it seems that con-
sideration must always be given to changes to
mission operational plans which cannot be ef-
fectively included in the real-time computing
complex. Therefore, auxiliary inflight com-
puting probably should always be considered.
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LAVERNE R. STELTER, Chief, Communications Division, NASA Goddard Space Flight Center

Summary

Because the Mercury orbital flight program
required effective ground control during the
unmanned and manned phases, a worldwide
tracking and telemetry network was developed.
Early in the project, the requirements for the
network in terms of systems, installation, site
locations, testing, and training for network per-
sonnel were established. Maximum utilization
was made of existing facilities, but additional
stations had to be implemented because of a
strategic need at certain points along the or-
bital ground track. In addition to the tele-
metry and tracking facilities, two important
centers were established, those of the Mercury
Control Center, which was the focal point for
all flight control activities, and the Computing
and Communications Center. System reliabil-
ity and provision for ease of maintenance were
primary guidelines during the network imple-
mentation. Because of the unique spacecraft
tracking task, an acquisition aid device was de-
veloped to assist in the location and tracking at
first contact with the spacecraft. As the tele-
metry, tracking, and computation functions of
the network were being installed, the network
was staffed to support even the early ballistic
flight program. As the scope and complexity
of the missions increased, the network was ex-
panded and modified to accept the changing and
more demanding flight control and monitoring
requirements. In addition to the tracking and
data reception capabilities of the network, a
multi-frequency air-to-ground reception and
remoting provision was necessary during the
manned flight program. A requirement had
been established to provide continuous tracking

and communications during the launch phase,
as well as voice communications with the astro-
naut within maximum prescribed time intervals.
Throughout the Mercury-Atlas orbital flight
program, the Mercury Worldwide Network
provided adequate and timely support in each
of its charged responsibilities. Voice communi-
cations, telemetry, and tracking were satisfac-
tory for effective flight control and monitoring,
and the computation and data handling facili-
ties provided timely support during the eriti-
cal retrofire and reentry phases of each of the
manned orbital flights.

Introduction

Meeting mission objectives required that a
worldwide tracking and ground instrumenta-
tion system be developed to provide a continu-
ous flow of information to be used for mission
coutrol. The intent in this paper is to describe
the evolution of the network in support of the
various Mercury missions. Specifically, the
paper discusses the development of network re-
quirements and systems installation, test, and
training; the network configuration and later
changes made in response to mission require-
ments, operations, and performance.

Development of Network Requirements
Approach

The task of implementing a tracking and
oround instrumentation system was given to the
NASA Langley Research Center (LRC). LRC
formed the Tracking and Ground Instrumenta-
tion Unit to manage and direct this effort.
This unit in turn utilized industrial firms to
assist in determining the approach to be taken
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in meeting the requirements in certain critical
areas and to augment the NASA team.

Basic Requirements

Basically, network systems were required to
provide all functions necessary for ground con-
trol and monitoring of a Mercury mission from
launch to landing. The function of the net-
work was to end when the spacecraft had landed
and the best possible information on the loca-
tion of the landing point had been supplied to
the recovery teams.

At the outset, the following functional re-
quirements were established :

(1) Provision of adequate tracking and com-
puting to determine launch and orbital param-
eters and spacecraft location for both normal
and aborted missions.

(2) Voice and telemetry communications
with the spacecraft with periods of interruption
not to exceed 10 minutes during the early orbits,
contact at least once per hour thereafter, and
communications to be available for at least 4
minutes over each station.

(3) Command capability to allow ground-
initiated reentry for landing in preferred re-
covery areas and to initiate abort during critical
phases of launch and insertion.

(4) Ground communications between the
ground stations and the control center.

Safety of the Mercury spacecraft and its
occupant was made a dominant consideration.
Speed and efficiency of installation were essen-
tial to meet the planned operational dates. Al-
though no compromises with safety were made,
economy was an important consideration in the
overall plan.

Selection: of Stations

Stations were selected on considerations of the
flight plan and on the character of the space-
craft electronic systems consistent with the basic
requirements. Because of factors relating to the
earth’s rotation and the lack of suitable geo-
graphic locations, certain compromises had to be
made in selecting the total number and loca-
tions of the stations required for a three-orbit
mission. These compromises resulted in gaps,
primarily on the third pass, greater than the
desired 10 minutes. For stations selected, see
figure 8-1.
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F1cURE 8-1.—Map showing the locations of the selected
Mercury stations.

Two Centers were also required :

The Mercury Control Center (MCC), to be
located at Cape Canaveral, was to provide
equipment necessary to allow control and coor-
dination of all activities associated with the
Project Mercury operation.

The Computing and Communications Center,
to be located at the Goddard Space Flight Cen-
ter (GSFC), Greenbelt, Maryland, was to pro-
vide for communications control, switching and
distribution ; also, it was to provide all computa-
tions necessary to monitor and control the mis-
sion from launch to landing.

Such an arrangement of stations, supported
by appropriate instrumentation, would provide
for tracking, command, and monitoring capa-
bilities in the highest probable abort phase of
launch through insertion and for the critical
reentry phase after orbital flight. It also al-
lowed the maximum use of facilities at the Na-
tional Ranges and of equipment at the Austra-
lian Department of Supply facilities at Woo-
mera, Australia. The participating countries
and ranges were as follows:

The U.S. Department of Defense provided
use of facilities at the Atlantic Missile Range.
Pacific Missile Range, White Sands Missile
Range, and the Eglin Gulf Coast Test Range.

Australia allowed the use of certain existing
facilities and construction, installation, and op-
erations of the required new facilities. These
arrangements were made through the Austral-
ian Department of Supply and were imple-
mented by the Weapons Research Establish-
ment.

United Kingdom permitted the construction
of stations in Canton Island and Bermuda.




Nigeria agreed to the lease of land and per-
mission to construct a station in Tungu and
Chawaka.

Spain agreed to provide the land for the Ca-
nary Island station.

Development of Equipment Systems
Criteria and Equipment Functions

Basic equipment design and implementation
criteria for this program were the result of sev-
eral major considerations. One of these was
economics: existing facilities were to be used
wherever they met the Mercury location re-
quirements. Thus, at six locations, a major
part of the equipment, including most of the
network’s tracking radars, was already avail-
able. Another major consideration was time.
Maximum use of existing, proven equipment
was dictated by the necessity to avoid the long-
lead times required for research and develop-
ment. But the primary consideration, over-
riding all others, was the safety of the astro-
naut. Some of the design requirements stem-
ming from this consideration follow :

(1) Reliability of components and units was
required to be designed and engineered into
every element of the equipment configuration,
and adequate testing was required to prove this
reliability.

(2) Despite rigid reliability requirements of
units, redundancy was to be used extensively
throughout each system and always at any criti-
cal point. Likewise, diversity was to be added
to redundancy. Thus, a very reliable system
was to be physically duplicated and then to be
partially duplicated again by the use of an alter-
nate frequency, location, or some other means
of achieving diversity.

(3) Wherever possible, the network system
should have the ability to verify its own proper
functioning. Suitable monitoring and display
devices were thus required.

There were also other requirements resulting
from “overlapping” of two or more systems.
One of these concerned interference. Deter-
mined efforts were made to minimize interfer-
ence to non-Mercury users of radio frequencies;
to reduce mutual interference between Mercury
equipment so that there was no degradation of
System performance under normal equipment
operation; and, to minimize interference from

non-Mercury sources by carefully selecting sta-
tion locations and equipment placement. Inter-
ference studies and field measurements were to
be undertaken as required. Radiated noise
measurements were to be made at all sites.

Particular attention had to be given to sys-
tem integration problems and to simplifications
which might be possible; for example, without
compromising reliability, the possibility of re-
ducing the number of antennas at a given site
by use of antenna-sharing systems had to be
considered.

Finally, all equipment had to be able to with-
stand the environmental conditions found in
such diverse climates as those of the desert at
Woomera and the “salt air” of Bermuda.

To provide mission support, the equipment of
the network had to provide the following major
functions:

(1) Ground radar tracking of the spacecraft
and transmission of the radar data to the God-
dard computers

(2) Launch, orbital, and reentry computa-
tions during the flight with real-time display
data being transmitted to Mercury Control
Center (MCC)

(8) Real-time telemetry display data at the
sites

(4) Command capability at various stations
for controlling specific spacecraft functions
from the ground

(5) Voice communications between the
spacecraft and the ground, and maintenance of
a network for voice, teletype, and radar data
communications.

Development of the individual systems to
meet these requirements is described in the fol-
lowing paragraphs. Some systems have been
discussed in earlier publications (refs. 1 and 2) ;
so they are only briefly described here, whereas
other systems, especially systems requiring ex-
tensive design, are covered in more detail.

Radar

Mission requirements dictated the need for
continuous radar tracking during launch and
insertion to monitor the launch phase and to
establish the initial orbital parameters on which
the go—no—-go decision would be based. During
orbital flight, additional tracking data would be
required for a more precise determination of the
orbital parameters and time of retrofire for the
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desired landing point. As nearly continuous
tracking as possible was necessary during the
less predictable reentry portion of the flight to
provide adequate position data on the space-
craft’s landing point.

To obtain reliability in providing accurate
trajectory data, the Mercury spacecraft was
equipped with C-band and S-band cooperative
beacons. The ground radar systems had to be
compatible with the spacecraft radar beacons.

The FPS-16 radar (fig. 8-2) in use at most

F16URe 8-2.—FPS-16 radar installation at California.

national ranges was selected to meet the C-band
requirement. Although it originally had a
range capability of only 250 nautical miles,
most of the FPS-16 radar units selected for the
project had been modified for operation up to
500 miles, a NASA requirement, and modifica-
tion kits were obtained for the remaining sys-
tems. In addition to the basic radar system, it
was also necessary to provide the required data-
handling equipment to allow data to be trans-
mitted from all sites to the computers. Details
on data flow and computation are discussed sub-
sequently in the computer section.

The FPS-16 system originally planned for
the network did not have adequate displays and
controls for reliably acquiring the spacecraft
in the acquisition time available. Conse-
quently, a contract was negotiated with a manu-
facturer to provide the instrumentation radar
acquisition (IRACQ) modifications. An es-
sential feature of this modification is that it
examines all incoming video signals, verifies the
target, and automatically establishes angle-only
track. Once the spacecraft has been acquired,
in angle range, tracking in the automatic mode
can be achieved with relative ease. Other fea-
tures of the IRACQ system included additional
angle scan modes and radar phasing controls to
permit multiple radar Interrogation of the
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spacecraft beacon. The addition of a beacon
local oscillator wave meter permitted the deter-
mination of spacecraft-transmitter frequency
drift.

Early in the installation program, it was
realized that the range of the Bermuda FPS-16
should be increased beyond 500 miles. With
the 500-mile-range limitation, it was possible
to track the spacecraft for only 30 seconds prior
to launch-vehicle sustainer engine cut-off
(SECO) during the critical insertion phase.
By extending the range capability to 1,000
miles, the spacecraft could be acquired earlier,
and additional data could be provided to the
Bermuda computer and flight dynamies console.
This modification also increased the probability
of having valid data available to make a
go—no-go decision after SECO.

The Verlort radar (see figs. 8-3(a) and
8-3(b)) fulfilled the S-band requirement with
only a few modifications. Significant ones
were the addition of specific angle-track ca-
pability and additional angular scan modes.
At Eglin Air Force Base the MPQ-31 radar
was used for S-band tracking by extending its
range capability to meet Mercury requirements.
The data-handling equipment was essentially
the same as for the FPS-16. Coordinate con-
version and transmitting equipment was in-
stalled at Eglin to allow both the MPQ-31 and
the FPS-16 to supply three-coordinate desig-
nate data to the AMR radars via Central
Analog Data Distributing and Computing
(CADDAC).

After implementation these radar systems
performed as planned, and only minor modifi-
cations were made.

Active Acquisition Aid

Once the types of radars to be used were de-
termined, it became evident that these narrow-
beam, precision-tracking units would have dif-
ficulty in initially acquiring the small, high-
speed spacecraft. Without externally supplied
dynamic pointing data, the spacecraft would
pass through the radar beam so quickly that the
basic radar circuits and/or operators would
have very little time in which to recognize the
target and switch into automatic tracking.

Two basic types of solution to the radar-ac-
quisition problem were considered. One was
the use of an on-site analog computer which




would be supplied with predicted spacecraft
time and position data by teletype from the
Goddard computers. The on-site computer
would then generate dynamic-tracking data
along the predicted orbit and supply it to the
radar during the passage of the spacecraft.
This approach was rejected because of the cost
and development time necessary to provide suit-
able analog computers and because it was felt
that complete dependence on teletype data for
acquisition would not provide sufficient, overall
tracking system reliability.

The second solution to the problem was a new
development called the “active acquisition aid.”
This device was designed to receive the space-

(b) —Interior view of a Verlort radar van.

F1cURE 8-8.—Photographs of Verlort installations.

craft telemetering signals and automatically
track the spacecraft in angle with sufficient ac-
curacy to provide suitable pointing data to the
radar.

The hardware to meet these requirements was
developed around refurbished and modified
SCR-584 radar pedestals, antenna, and receiver
components. The major units of the final con-
figuration used for Mercury are shown in figure
84, and figure 8-5 shows the acquisition aid
antenna installation at Guaymas, Mexico.

Antenna assembly

Antenna assembly
(square ground screen version)

(round ground screen version)
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F1gURE 8—4.—Major units of the acquisition system.

Performance analysis.—Tests of the first sys-
tems delivered showed two major performance
deficiencies. The first of these stemmed from
the fact that the spacecraft-telemetering trans-
mitter bandwidth was substantially wider than
had been anticipated; the acquisition aid re-
ceiver was consequently unable to achieve phase
lock. This deficiency was corrected by adapt-
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ing another existing detector design to the Mer-
cury equipment.

FIGURE 8-5.—Acquisition aid antenna installation at
Guaymas, Mexico.

The second major performance problem was
that the equipment could not meet tracking ac-
curacy specifications on a continuous basis.
Two principal factors contributed to the ac-
curacy problem. The predominant one, espe-
cially at low and medium elevation angles, was
that of multipath signal reception. The lesser
factor was the inherent coarseness of the quad-
helix antenna array and other RF components.
Redesign of the antenna would have pushed be-
yond the state of the art and probably would
have delayed the program. Use of another,
existing antenna with less beamwidth and there-
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fore less multipath susceptibility would, of
course, have meant some sacrifice of one of the
most desirable advantages of the system: that
of being able to cover large areas of space in a
short period of time.

Fortunately, early experience with the radars,
particularly the FPS-16 which, equipped with
the TRACQ modification, can lock on a target
very quickly, indicated that the accuracy re-
quirements of the acquisition aid could be re-
laxed ; analysis of tracking requirements showed
that with proper alinement, the equipment
would provide sufficiently accurate data to the
radars. The specified accuracy for the active
acquisition aid was thus relaxed to require only
tracking within the beamwidth of the partic-
ular radar with which it worked (==0.5° for the
FPS-16 and ==1.0° for the Verlort) for 2 sec-
onds out of every b instead of #0.5° on a con-
tinuous basis.

With these changes, the initial performance
deficiencies of the system were alleviated.
However, in the course of the project, a number
of other modifications to the equipment were
found necessary to improve reliability, ease of
maintenance, and ease of operation. Installa-
tion of hermetically sealed RF components,
waterproof connectors, better antenna limit
switching and mechanical limit stops, and bias
regulators for the RF amplifiers was made to
improve reliability. Test points and grounding
switches in the voltage-controlled oscillator
(VCO) and a connector board with many of the
system test points in one convenient location
were installed to improve the ease of mainte-
nance. Changes to the antenna handwheels, re-
location of controls, and installation of mode
switches were made to increase the ease of
operation.

In conclusion, it should be noted that although
a number of problems of varying degrees of
seriousness were encountered with the acquisi-
tion aid—most of them stemming from the ne-
cessity of developing a new system in an ex-

- tremely short time—the equipment successfully

fulfilled its intended function. Rarely during
the latter Mercury missions did one of them fail
to acquire and track the spacecraft shortly after
horizon time and thereby aid the radar in ac-
quiring an automatic track.
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Computing System

Requiremenis—Early in the design of the
Mercury system it was considered mandatory to
receive information on a real-time basis and to
provide for instantaneous computation and dis-
play of mission data from lift-off to landing.
To meet these requirements, new data transmis-
sion equipment and computer peripheral gear
were required. A new concept in large-scale,
real-time data processing was required to tailor
computations to a computer cycle and to manage
the priorities of the computations performed
automatically.

In all phases of the Mercury mission, it was
vital that the many different forms of calcula-
tions be performed with exact precision and the
data be made available almost instantaneously.
For example, in a matter of seconds after
launch-vehicle cut-off and spacecraft insertion
into orbit, the computers were required to fur-
nish data based on tracking information for
evaluating whether or not the mission should be
permitted to continue.

Before the Bermuda submarine cable was in-
stalled, it was decided to supplement the God-
dard-Cape Canaveral complex with a secondary
computing station at Bermuda. Installed there
was an IBM 709 computer that received the in-
puts of the Bermuda FPS-16 and Verlort
radars. The role of Bermuda was twofold: it
served as a backup remote control center during
the launch phase and as a tracking site there-
after. Specifically, it performed the following
computing tasks:

(1) Provided all the necessary trajectory in-
formation to drive the display devices in the
Bermuda control center.

(2) Computed an independent go—no—go at
insertion based on Bermuda data.

(3) Computed retrofire times to be used in
the event of an abort to land the spacecraft in
one of the designated recovery areas.

(4) Computed refined landing points for sev-
eral abort cases.

(5) Computed orbital characteristics.

(6) Sent postinsertion conditions to God-
dard.

After the submarine cable was installed in
April 1962, the Bermuda computer was re-
moved and all the computations listed above
were programed in the Goddard computers.

System deseription—Since the computing
system was described in a prior publication
(ref. 2), only a brief review is presented here.

During a mission, radar data from the net-
work stations are transmitted by way of data
circuits (ref. 2) to the communications center
(fig. 8-6). Here, real-time equipment places
the radar data from each tracking station auto-
matically in the core storage of the computers.
Two IBM 7094 computers operating independ-
ently, but in parallel, process the data. Should
a computer malfunction during the mission, the
other computer can be switched on-line to sup-
port the mission while the malfunctioning com-
puter is taken off-line and repaired.

The computers provide trajectory informa-
tion necessary for the flight control of the mis-
sion. At MCC, about 18 digital displays, 4
plotboards, and the wall map (fig. 8-7) are
driven by the computers. This map shows the
present position of the spacecraft and the land-
ing point which would be achieved if the retro-
rockets were ignited in 30 seconds.

Development of new equipment.—To imple-
ment a real-time computing system of the com-
plexity of the one considered for Project

Fieure 8-6.—Computing center at Goddard Space
5 Flight, Center.

W 8

F1cURE 8-7.—View of Mercury Control Center showing
wall map, plotting boards, and digital displays.
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